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FOREWORD 


This  report  was  compiled  by  the  Systems  Support  Division,  Materials  Directorate,  Wright 
Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio.  It  was  initiated  under  Thsk  24180704 
“Corrosion  Control  &  Failure  Analysis”  with  Gary  K.  Waggoner  as  the  Project  Engineer. 


This  technical  report  was  submitted  by  the  editors. 

The  purpose  of  this  1996  Conference  was  to  bring  together  technical  personnel  in  DoD  and  the 
aerospace  industry  who  are  involved  in  the  various  technologies  required  to  ensure  the  structural 
integrity  of  aircraft  gas  turbine  engines,  airframes  and  other  mechanical  systems.  It  provided  a 
forum  to  exchange  ideas  and  share  new  information  relating  to  the  critical  aspects  of  durability  and 
damage  tolerance  technology  for  aircraft  systems.  The  conference  was  sponsored  by  the  Air  Force 
Materiel  Command  (AFMC),  Aeronautical  Systems  Center,  Deputy  for  Engineering  and  Materials 
and  Flight  Dynamics  Directorates  of  the  Wright  Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio 
It  was  hosted  and  co-sponsored  by  the  Aircraft  Structural  Integrity  Branch,  Aircraft  Directorate  of 
AFMC’s  San  Antonio  Air  Logistics  Center,  Kelly  Air  Force  Base,  Texas. 
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INTRODUCTION 


This  report  contains  the  proceedings  of  the  1996  USAF  Structural  Integrity  Program  Conference 
held  at  the  Hyatt  Regency  San  Antonio  in  San  Antonio,  Texas  from  3-5  December  1996.  The 
conference,  which  was  sponsored  by  the  Aeronautical  Systems  Center's  Engineering  Directorate  and 
the  Wright  Laboratory's  Flight  Dynamics  and  Materials  Directorates,  was  hosted  and  co-sponsored  by 
the  San  Antonio  Air  Logistics  Center  Aircraft  Directorate,  Aircraft  Structural  Integrity  Branch 
(SA-ALC/LADD).  This  conference,  as  in  previous  years,  was  held  to  permit  experts  in  the  field  of 
structural  integrity  to  communicate  with  each  other  and  to  exchange  views  on  how  to  improve  the 
structural  integrity  of  military  weapon  systems.  Sessions  were  primarily  focused  on  life  enhancement, 
repair,  corrosion/fatigue,  dynamics/MECSIP,  widespread  fatigue  damage,  engines,  NDE/i,  and  force 
management.  This  year,  as  in  previous  years,  our  friends  from  outside  the  U.S.  borders  provided  the 
audience  with  outstanding  presentations  on  activities  within  their  countries.  It  is  anticipated  that  this 
conference  will  include  their  contributions  in  the  agenda  of  future  meetings.  This  year  18  countries, 
plus  NATO,  were  represented  in  the  audience. 

The  sponsors  are  indebted  to  their  hosts  for  their  support  of  the  conference.  The  sponsors  are 
also  indebted  to  the  speakers  for  their  contributions.  In  particular,  thanks  are  due  to  the  three 
luncheon  speakers  for  their  informative  presentations,  Mr.  R.N.  Hadcock  on  ASIP  and  the  Air  Force 
Aging  Aircraft  Fleet;  Messrs.  R.P.  Bell,  K.M.  Jones,  and  R.E.  Alford  on  Thoughts  on  Risk  Analysis  of 
an  Aging  Aircraft;  and  Squadron  Leader  A.J.  Green,  on  The  Future  Direction  and  Development  of 
Engine  Health  Monitoring  (EHM)  Within  the  United  States  Air  Force. 

As  usual,  much  of  the  success  of  the  conference  is  due  to  the  efforts  of  Jill  Jennewine  and  her 
staff,  including  Lori  Kilian  and  Esther  Burnett,  from  Universal  Technology  Corporation.  Their 
cooperation  is  greatly  appreciated. 


JOHN  W.  LINCOLN  GARY  K.  WAGGONER  DONALD  B.  PAUL 
ASC/ENF  WL/MLS  WL/FIB 


JIMMY  TURNER 
SA-ALC/LADD 


XVll 


SESSION  I 
OVERVIEWS 

Chairman:  J,  Rudd^  WL/FIB 


2 


Economic  Life  Evaluation  of  the  T-38  -29  Wing 

Dr.  Hal  Burnside* 

Dr.  Wei  Wang 

Southwest  Research  Institute 
6220  Culebra  Road 
San  Antonio,  Texas  78238-5166 

Mr.  Jon  Dubke 

San  Antonio  Air  Logistics  Center 
Bldg  179, 404  Greig  Street 
KeUy  AFB,  Texas  78241-5944 

1.0  INTRODUCTION 

For  over  35  years  the  T-38  has  been  used  by  the  United  States  Air  Force 
(USAF)  as  an  advanced  fighter  trainer.  No  other  aircraft  in  aviation  history  has 
fulfilled  this  mission  over  such  a  long  period  of  time.  More  remarkably,  the 
USAF  would  like  to  fly  the  T-38  until  the  year  2020,  and  possibly  beyond,  and  the 
T-38  is  currently  undergoing  an  upgrade  to  modernize  its  avionics.  Not  only  is 
the  future  service  time  much  longer  than  originally  expected,  but  the  training 
environments  represent  fighter  missions  that  are  more  severe  than  that  for  which 
the  T-38  was  originally  designed.  This  has  required  that  the  USAF  maintain  an 
active  structural  integrity  program  for  the  T-38.  Reference  1  reviewed  the 
development  and  evolution  of  the  T-38  structure  and  addressed  programs  being 
undertaken  by  the  USAF  to  ensure  structural  integrity  over  its  remaining  life. 

As  part  of  one  such  Air  Force  Structural  Integrity  Program  (ASIP) 
initiative,  the  San  Antonio  Air  Logistics  Center  (SA-ALC)  in  July  1993  initiated  a 
durability  test  of  the  T-38  -29  wing  with  Southwest  Research  Institute  (SwRI). 
The  piupose  of  the  test  was  to  assess  the  -29  wing's  long-term  fatigue  behavior  in 


meeting  anticipated  future  fleet  usage  requirements.  The  wing  was  subjected  to  a 
loading  spectrum  that  represented  T-38  Euro-NATO  Joint  Jet  Pilot  Training 
(ENJJPT)  usage  flown  at  Sheppard  Air  Force  Base  during  1988  through  1991. 
That  usage  was  thought  to  be  representative  of  the  new  Specialized 
Undergraduate  Pilot  Training  (SUPT)  being  utilized  by  the  Air  Education 
Training  Command  (AETC)  to  train  its  pilots.  However,  after  a  SUPT  Flight 
Loads  Data  Recorder  Program  was  conpleted  in  May  1994,  the  SUPT  usage  was 
proven  to  be  more  severe  than  the  ENJJPT  test  spectrum. 

During  the  durability  test,  periodic  inspections  were  made  in  accordance 
with  the  Aircraft  Scheduled  Inspection  and  Maintenance  RequirenK:nts  (Technical 
Order  (T.O.)  1T-38A-6)  until  the  test  was  terminated  at  26,500  test  hours  of 
ENJJPT  usage.  The  durability  test  wing  was  then  destructively  tom  down,  and  a 
complete  analytical  condition  inspection  (ACI)  was  performed.  The  predominate 
fatigue  cracking  in  the  wing  lower  skin  fastener  holes  occurred  outboard  of  Wing 
Station  (WS)  64.8.  Large  wing  skin  cracks  were  also  found  in  the  milled  pockets 
at  WS  21.7  and  38.6  on  the  left  and  right  wings. 

The  purpose  of  the  effort  described  in  this  paper,  documented  in  SwRI’s 
engineering  report  for  SA-ALC  (Reference  2),  was  to  assess  the  long-term 
economic  life  of  the  -29  wing  and  to  predict  future  wing  replacement  rates.  This 
economic  life  evaluation  drew  upon  results  from  the  convicted  -29  wing 
durability  test  and  teardown  inspection,  existing  durability  and  damage  tolerance 
analyses,  aircraft  usage  surveys,  and  a  coupon  test  program  (Reference  3)  that 
evaluated  fatigue  life  issues  associated  with  coldworking  -29  wing  skin  fastener 
holes. 

2.0  EVALUATION  OF  WING  TEARDOWN  RESULTS 

Statistical  Analysis  Rotoscan/Eddy-Current  Indications  Found  During  Test 

During  the  conduct  of  the  wing  durability  test,  certain  wing  fastener  holes 
were  periodically  inspected  by  rotoscan  and  eddy-current.  The  holes  were 
assigned  to  six  inspection  areas,  designated  per  T.O.  1T-38A-6,  as  shown  in 
Figure  1.  Table  1  lists  the  number  of  holes  in  each  area  and  the  initial  inspection 
times  and  recurring  inspection  intervals.  The  procedure  per  T.O.  1T-38A-36  was 
to  first  inspect  the  hole  by  rotoscan,  and  if  an  indication  was  found,  the  fastener 
was  removed  and  a  bolt-hole  eddy-current  inspection  was  performed.  If  the  bolt¬ 
hole  eddy-current  inspection  confirmed  the  rotoscan  finding,  the  fastener  hole  was 


reamed  until  the  indication  was  removed,  and  an  oversize  fastener  was  installed. 
Table  1  summarizes  the  confirmed  roto scan/eddy-current  indications  initially 
found  in  each  area  during  the  test,  and  the  number  of  repeat  indications,  Le.,  the 
number  of  indications  found  in  subsequent  periodic  inspections  after  the  holes 
were  reworked. 


Figure  1.  T.0. 1T-38A-6  Inspection  Areas 

As  shown  in  Table  1,  Areas  1-4  and  Area  6,  consisting  of  550  fastener 
holes,  had  only  a  total  of  five  confirmed  indications  found  during  the  conduct  of 
the  test.  Area  5,  consisting  of  160  fastener  holes,  had  a  total  of  52  confirmed 
indications.  Because  of  the  large  number  of  confirmed  indications  found  in  Area  5 
after  the  second  inspection  at  15,000  flight  hours,  SA-ALC  and  SwRI  divided 
Area  5  into  two  areas  (5A  and  5B)  for  inspection  purposes.  Area  5A  was  then 
subsequently  inspected  every  500  flight  hours,  and  Area  5B  continued  to  be 
inspected  at  7,000  flight  hours  intervals.  As  indicated  in  Figure  1,  holes  in  Area  3 
on  the  15%  spar  outboard  of  WS  64.8  were  reassigned  to  Area  5A. 


Table  1.  Confirmed  Indications  by  Rotoscan/Eddy-Current 


Area 

Inspection  Times 
(Hrs) 

(Initial/Recurring) 

Number  of 
Holes 

(Right  +  Left) 

Number  of 
Initial 
Indications 

Number  of 
Repeat 
Indications 

1 

9,000/2,000 

158 

0 

0 

2 

10,000/4,000 

150 

0 

0 

3 

5,000/3,000 

164 

1 

0 

B 

6,000/4,000 

86 

3 

1 

5A 

8,000/7,000  (500*) 

90 

43 

■  22 

5B 

8,000/7,000 

70 

9 

0 

6 

6,000/500 

16 

1 

0 

Total 

710 

57 

23 

*Subsequently  reduced  to  500  hours 


A  Weibull  evaluation  of  the  rotoscan/eddy-current  indications  found 
diuing  the  durability  test  was  performed  to  provide  an  estimate  of  the  number  of 
fastener  holes  projected  to  experience  fatigue  cracking  as  a  function  of  flight 
hours.  The  small  number  (5  total)  of  indications  in  Areas  1-4  and  Area  6 
precluded  obtaining  any  reliable  statistical  results  from  those  areas.  Therefore,  the 
analysis  was  confined  to  Area  5.  Furthermore,  in  Area  5B,  eight  of  the  nine  initial 
indications  were  found  at  the  22,000  (15,000+7,000)  flight  hour  inspection,  and 
the  other  indication  was  found  at  the  15,000  hour  inspection.  Because  of  the 
uncertainty  when  the  cracks  in  Area  5B  actually  occurred,  it  was  decided  to  limit 
the  statistical  analysis  to  Area  5A  which  had  a  shorter  (500  hour)  inspection 
interval. 

Area  5A  has  90  fastener  holes,  and  Figure  2  shows  the  cumulative 
distribution  of  confirmed  indications  plotted  on  Weibull  probability  scale.  The 
straight  line  was  fitted,  by  eye,  to  the  Area  5A  data  points  after  15,000  hours. 
The  data  points  before  15,000  hours  were  included  in  estimating  the  cumulative 
probability,  but  the  recorded  times-to-indication  were  not  used  directly  in  fitting 
the  equation.  The  reason  was  that  had  the  inspections  been  performed  more 
frequently  (e.g.,  every  500  hours)  before  the  8,000  and  15,000  hour  inspection 


times,  the  times-to-indication  would  have  been  shorter  than  recorded. 

From  the  straight  line  fit  of  the  test  data  given  by  circles  in  Figure  2,  the 
WeibuU  equation  for  the  cumulative  probability,  F(t),  of  having  a  confirmed 
indication  is 

F(t)  =  1  -  exp(-(t/T|)^) 

where  t  =  time-to-indication 

P  =  2.0  (shape  parameter,  slope  of  straight  line) 

■q  =  35,000  hours  (characteristic  life) 


CDF 


Figure  2.  Comparison  of  Inspection  Data  in  Area  5 A 
with  5A  Monte  Carlo  Simulation  Results 


(1) 


Reference  4  indicates  that  1.0  <  P  <  4.0  inplies  an  early  wear-out  and  that 
many  mechanical  failure  modes  are  in  this  class.  The  characteristic  life  is  the  Ufe  at 


which  the  model  predicts  that  63.2  percent  of  the  holes  in  Area  5 A  would  have 
confirmed  indications.  The  above  WeibuU  model  can  be  used  to  project  the 
number  of  holes  having  indications  by  multiplying  the  cumulative  probability  by 
the  total  number  of  holes  in  the  population  (i.e.,  90  holes  in  Area  5  A  for  one  T-38 
wing). 

To  validate  the  above  WeibuU  model,  particularly  for  time  less  than  15,000 
flight  hours,  a  Monte  Carlo  simulation  was  performed  based  on  the  WeibuU 
probability  distribution.  The  results  of  the  simulations  is  also  shown  in  Figure  2. 
Simulation  results  are  shown  as  triangles,  assuming  continuous  inspection  (Le., 
zero  inspection  intervals).  As  expected,  there  is  a  good  agreement  between  the 
simulations  and  observations  for  time  greater  than  15,000  hours.  For  time  less 
than  15,000  hours,  there  is  a  large  difference  between  the  simulations  and 
observations.  However,  this  difference  is  also  to  be  e?q)ected  since  the  plotted 
simulation  data  assumed  zero  inspection  intervals.  If  the  simulation-generated 
samples  were  "inspected"  based  on  the  actual  inspection  intervals  used  in  the  test, 
the  simulation  points  occurred  before  the  next  inspection  time  would  need  to  be 
shifted  to  the  right  to  match  the  inspection  time.  After  these  adjustments,  the 
agreement  between  the  simulations  and  observations  is  good,  thus  confinmng  the 
validity  of  the  WeibuU  model. 

Flaw  Size  Distribution  Found  in  Post-Test  ACI 

To  support  the  economic  life  analysis  to  be  performed  in  Section  4  for  the 
wing  lower  skin,  an  evaluation  was  made  of  the  distribution  of  crack  sizes  found 
during  the  post  test  ACI.  Figure  3  shows  the  distribution  for  126  fastener  holes  in 
the  wing  lower  skin.  This  includes  49  holes  that  were  reamed  during  the  test,  of 
which  34  holes  still  had  fatigue  cracks  that  were  found  during  the  ACI.  The  crack 
size  refers  to  the  radial  depth  of  the  crack.  If  more  than  one  crack  was  found  at  a 
fastener  hole,  the  dominant  crack  size  was  taken  for  the  analysis.  Figure  3  also 
shows  that  64  cracks  had  a  depth  greater  than  0.03  inch  and  15  holes  had  cracks 
greater  than  0. 1  inch.  An  analysis  was  also  made  of  the  crack  sizes  found  in  the 
95  holes  that  were  not  reamed.  The  distribution  is  quite  similar  to  that  shown  in 
Figure  3.  Forty-six  holes  had  cracks  greater  than  0.03  inch  in  depth,  and  12  holes 
had  cracks  greater  than  0.1  inch. 


0  0.05  0.1  0.15  0.2  0.25  0.3 

Crack  Size  (Inches) 


Figures.  ACI  Crack  Size  Distribution  —  Skin  Cracks 
Includes  Unreamed  and  Reamed  Holes 

3.0  FRACTURE  MECHANICS  CRACK  GROWTH  ANALYSES 

The  economic  life  assessment  for  the  wing  lower  skin,  as  will  be  discussed 
in  the  next  section,  was  based  upon  the  cracking  experience  found  in  the  -29  wing 
durability  test  and  the  service  experience  cracking  found  in  aircraft  flying  the 
Lead-In  Fighter  (LIF)  and  Introduction  to  Fighter  Fundamentals  (IFF)  usages. 
Because  the  durability  test  was  conducted  for  ENJJPT  usage,  the  test  results  had 
to  be  adjusted  for  other  usages  of  interest.  The  economic  life  analysis  also  used 
the  equivalent  initial  flaw  size  (EIFS)  concept  to  establish  a  measure  of 
manufacturing  quality.  Both  the  adjustment  in  usage  and  the  EIFS  analysis  were 
made  using  fracture  mechanics  crack  growth  analyses.  The  remainder  of  this 
section  summarizes  the  approach  used  in  the  crack  growth  analyses  and  the 
results. 

Stress  Spectra  for  Crack  Growth  Analyses 

For  the  fracture  mechanics  crack  growth  analyses,  stress  spectra  were 
needed  at  each  fastener  hole  location  where  the  analysis  was  conducted.  This 
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includes  stresses  along  each  wing  spar  from  about  WS  60  to  about  WS  83. 
During  the  durability  test,  strain  gages  were  located  at  the  WS  64.8/15%  and  WS 
64.8/21%  spars  and  near  the  D-PaneL  Using  previously  developed  stress-to-load 
ratios,  stress  sequences  for  the  crack  growth  analyses  were  created  for  these  three 
strain  gage  locations.  To  con5)ute  the  stresses  at  individual  fastener  holes,  stress 
results  from  a  coarse  grid  NASTRAN  model  were  interpolated  between 
neighboring  grid  points.  Stress  spectra  for  individual  fastener  holes  were  obtained 
by  multiplying  the  stress  spectra  at  one  of  the  three  gage  locations  that  is  closest 
to  the  hole  with  the  stress  scale  factor  for  that  hole  (Reference  2). 

Fracture  Mechanics  Models 

Stress  intensity  factors  (SIF)  for  the  retardation  and  equivalent  initial  flaw 
size  (EIFS)  crack  growth  analyses  were  taken  from  the  following  sources: 

•  Comer  Cracks:  NASGRO  SIF  solutions  for  a  straight  hole  with  no 
countersink  (Reference  5). 

•  Bore  Cracks:  SIF  solutions  from  Newman  and  Raju  (Reference  6). 

•  Countersunk  Cracks:  Corner  crack  solution  con:5)ounded  with  a  stress 
concentration  factor  (Reference  7). 

The  Forman  crack  growth  equation  with  the  modified  Willenborg 
retardation  model  in  the  SUPERCRACKS  conq)uter  program  (Reference  8)  was 
used  for  the  crack  growth  analyses.  Crack  growth  at  one  location  was  assumed 
not  to  be  influenced  by  crack  growth  at  any  other  locations. 

Retardation  Parameters  for  ENJJPT,  SUPT  and  LIF/BFF  Usages 

Before  the  EIFS  distribution  could  be  established,  an  estimate  of  crack 
growth  retardation  for  the  ENJJPT  test  usage  had  to  be  made.  The  modified 
Willenborg  retardation  model  was  selected  to  be  used  for  the  crack  growth 
analyses.  The  retardation  parameter  in  the  model  was  determined  by  matching 
crack  growth  predictions  obtained  using  the  SUPERCRACKS  conputer  program 
with  the  coupon  test  results  performed  under  ENJJPT  usage  in  the  accompanying 
test  program  (Reference  3).  Similarly,  coupon  test  results  were  used  to  establish 
the  retardation  parameters  for  the  other  usages  of  interest,  and  the  parameters 
ranged  between  2.7  and  3.0.  Details  regarding  retardation  can  be  found  in 
Reference  2. 
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Determination  of  Equivalent  Initial  Flaw  Sizes 

The  EIFS  is  not  the  actual  manufacturing  initial  flaw  size,  but  rather  the 
initial  flaw  size  which,  if  used  in  a  fracture  mechanics  crack  growth  analysis, 
would  result  in  the  crack  size  found  during  the  post-test  ACL  Therefore,  the 
candidate  cracks  for  the  EIFS  analysis  should  reasonably  be  distributed  over  the 
area  of  interest.  The  candidate  holes  should  not  have  been  reamed  during  the  test, 
as  small  cracks  would  have  been  removed  by  the  reaming  process.  As  a  practical 
matter,  cracks  in  the  fastener  holes  should  also  be  amenable  to  standard  fracture 
mechanics  analysis.  This  means  that  candidate  holes  should  not  contain  multiple 
cracks  or  cracks  with  very  large  or  small  aspect  ratios. 

To  meet  the  above  criteria,  24  holes  were  ultimately  selected  for  the  EIFS 
analysis,  including  12  bore  cracks  and  12  comer  cracks.  Countersunk  cracks 
were  not  selected  for  the  EIFS  analyses,  since  there  were  very  few  countersunk 
cracks  found  in  the  ACI  and  no  satisfactory  retardation  factors  were  found  for  the 
countersunk  cracks.  These  24  holes  were  reasonably  spread  over  the  wing  area  of 
interest,  and  therefore,  the  EEFS  distributions  should  be  representative  of  the 
wing. 

A  bore  or  a  comer  crack  is  characterized  by  two  parameters:  crack 
length  c  (radial  dimension)  and  crack  depth  a  (along  the  hole’s  axis).  To 
determine  the  equivalent  initial  flaw  sizes,  Co,  for  an  observed  crack,  the  actual 
aspect  ratio  of  the  crack  observed  from  the  teardown  inspection  was  assumed  to 
remain  constant  during  the  growth  of  the  crack.  A  trial  initial  crack  size,  co,  was 
selected,  and  the  program  SUPERCRACKS  was  used  to  grow  the  crack.  If  the 
observed  crack  size  was  reached  at  about  26,500  hours  (the  wing  durability  test 
time  for  ENJJPT  usage),  the  trial  Co  was  the  desired  initial  size.  Otherwise,  a 
new  Co  was  chosen,  and  the  procedure  was  repeated  until  the  correct  co  was 
found. 

Figure  4  is  a  histogram  for  the  equivalent  initial  flaw  lengths  for  the  24 
holes  that  were  analyzed.  It  can  be  seen  that  the  distribution  of  the  initial  crack 
sizes  for  comer  cracks  and  for  bore  cracks  are  quite  similar.  The  best  distribution 
fit  of  the  data  was  found  to  be  WeibuU  with  parameters  P  =  0.996  and  t]  = 
0.0061.  Since  the  slope,  P,  is  essentially  equal  to  unity,  the  distribution  is 
exponential,  a  special  case  of  the  WeibuU.  In  this  case,  the  mean  initial  crack  size 
is  equal  to  il  =  0.0061  inch.  The  soUd  line  in  Figure  5  shows  the  EIFS  data 
plotted  using  a  WeibuU  scale. 
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Figure  4.  Histogram  of  Equivalent  Initial  Flaw  Sizes 
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Figure  5.  EIFS  WeibuU  Distribution  for  Non-Coldworked  and 

Coldworked  Holes 
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Adjustment  of  Durability  Test  Results  to  Other  Usages 

All  elements  are  now  in  place  to  conduct  fracture  mechanics  analyses  for 
the  training  usages  of  interest.  Although  the  T-38  is  currently  flying  the 
Introduction  to  Fighter  Fundamentals  (IFF)  usage,  the  IFF  usage  spectrum,  as 
measured  from  flight  data  recorders,  was  not  yet  available  for  the  analyses. 
Therefore,  the  IFF  and  Lead-In  Fighter  (LIF)  spectra  were  assumed  to  be  the 
same  in  severity.  Furthermore,  the  AETC  anticipates  flying  a  mixed  SUPT  and 
IFF  usage  in  the  future,  and  the  mission  mix  was  assumed  to  be  61%  SUPT  and 
39%  IFF.  This  usage  is  designated  as  MIXED  SUPT/IFF. 

Crack  growth  calculations  were  conducted  at  a  variety  of  locations  for 
the  SUPT,  ENJJPT,  LIF/IFF  and  MIXED  SUPT/IFF  usages  to  obtain  the  time, 
in  flight  hours,  required  to  grow  a  crack  from  its  EIFS  to  the  following  two 
specified  final  si2es:  (1)  c  (radial  crack  size)  =  0.03  inch,  and  (2)  c  =  the 
detectable  size  taken  to  be  0.1  inch.  The  ratios  of  mission  severities  were 
obtained  by  normalizing  the  crack  growth  to  the  SUPT  usage,  and  it  was 
observed  that  the  ratios  are  reasonably  constant  for  the  various  crack  locations 
and  for  the  two  final  crack  sizes.  Table  2  lists  the  mission  severity  ratios 
obtained.  Table  2  also  gives  the  ratios  of  mission  severity  for  a  crack  in  the  wing 
skin  at  WS  38.6.  These  results  will  be  used  in  Section  4  when  wing  skin 
cracking  found  in  service  is  analyzed. 


Table  2.  Mission  Flight  Hour  Ratios  (Normalized  to  SUPT) 


Usage 

Fastener 

Holes 

MUled  Radii 
(WS  38.6) 

SUPT 

1.00 

1.00 

ENJJPT 

1.30 

1.90 

LIF/IFF* 

0.31 

0.35 

MIXED  SUPT/IFF 

0.60 

0.64 

*1FF  =  Introduction  to  Fighter  Fundamentals.  A  new  AETC  usage,  taken  to  be 

the  same  as  LIF. 
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4.0  WING  ECONOMIC  LIFE  EVALUATION 
Background 

To  predict  the  economic  life  or  durability  of  the  wing  for  the  various 
usages  of  interest  (i.e.,  SUPT,  ENJJPT,  LIF/IFF  and  MIXED  SUPT/IFF),  the 
durability  test  results,  as  well  as  field  cracking  experience  found  in  the  LIF/IFF 
fleet  at  the  WS  92.5/44%  spar  fastener  holes  and  the  WS  78  milled  pocket  radius 
in  the  lower  wing  skin,  were  considered.  A  number  of  -29  wings  flying  the 
LIF/IFF  usage  have  been  condemned  because  of  cracking  at  the  WS  92.5  and  WS 
78  locations. 

The  most  recent  predicted  economic  lives  for  the  -29  wing  are  given  in 
(Northrop  Aircraft)  NOR  77-19  (Reference  9).  The  economic  lives  were  based 
on  the  time  for  a  comer  crack  in  the  most  critical  fastener  hole  in  the  lower  wing 
skin  to  grow  from  an  equivaknt  initial  flaw  size  of  0.0001  inch  to  a  detectable 
crack  size  of  0.100  inch.  The  economic  lives  given  in  NOR  77‘-19  were:  Air 
Training  Command  (ATC)  Usage  >50,000  hours;  Lead-In  Fighter  (LIF)  Usage: 
8,100  hours;  Dissimilar  Air  Combat  Training  (DACT)  Usage:  10,800  hours. 

Economic  Life  Criteria 

It  is  first  necessary  to  establish  economic  life  criteria  before  the  economic 
life  of  T-38  wings  can  be  established.  A  general  definition  of  economic  life  is 
quoted  from  MIL  A-008866B,  Paragraph  6.2.2  Economic  Life.  (Reference  10): 

.  ...  It  will  be  assumed  that  the  economic  life  of  the  test  article 
has  been  attained  with  the  occurrence  of  widespread  damage 
which  is  uneconomical  to  repair  and,  if  not  repaired,  could  cause 
functional  problems  affecting  operational  readiness.  This  can  be 
characterized  by  a  rapid  increase  in  the  number  of  damage 
locations  or  repair  costs  as  a  function  of  cyclic  test  time. 

The  above  definition  of  economic  life  is  qualitative,  and  a  more 
quantitative  measure  of  economic  life  is  needed.  A  multi-year  program  to  develop 
durability  methods  was  conducted  from  1978-1984  imder  the  direction  of  the 
Structmes  and  Dynamics  Division  at  Wright-Patterson  Air  Force  Base.  Results 
are  documented  in  a  nine  volume  report  (Reference  11).  This  report  provides 
some  guidance  in  defining  economic  life  as  it  pertains  to  the  T-38  wing. 


The  economic  (repair)  limit  has  been  defined  as  "...the  most 
opportune  time  for  economic  repair  or  modification  of  the 
structure  (e.g.,  the  time  when  fastener  hole  oversizing  should  be 
accomplished)..."  [R^erence  12].  The  economic  repair  limit  for  a 
fastener  hole  is  reached  when  the  largest  radial  crack  in  the  hole 
reaches  a  size  that  can  still  be  cleaned  up  by  reaming  the  hole  to 
the  next  fastener  size  (e.g.,  0.030"  -  0.050").  Since  fatigue  cracks 
frequently  originate  at  fastener  holes,  this  philosophy  could  be 
useful  for  defining  durability  damage  limits  during  the  design 
stage. 

Fatigue  cracks  are  also  likely  to  originate  at  cutouts,  radii  and 
'  other  structural  discontinuities.  However,  there  is  no  well  d^ned 
criterion  for  the  economic  repair  limit  for  such  details. 

For  the  T-38  -29  wing,  it  is  SA-ALCs  current  policy  to  permit  field 
maintenance  to  oversize  a  fastener  hole  by  up  to  1/16  inch  (0.0625)  without 
special  disposition  from  SA-ALC  engineering.  This  will  remove  a  0.03125  inch 
radial  crack.  Radial  cracks  larger  than  0.03125  inch  must  be  reviewed  and, 
perhaps,  analyzed  on  a  case-by-case  basis. 

This  0.03125  inch  radial  crack  size  is  consistent  with  that  quoted  above 
from  the  WP-AFB  Durability  Methods  Development  (Reference  11).  Therefore, 
for  the  economic  life  evaluation,  a  0.03  inch  radial  crack  will  be  assumed  as  a 
lower  bound.  The  upper  bound  wiU  be  taken  as  a  0. 1  inch  radial  crack,  which  is 
the  usual  detectable  crack  size  for  a  fastener  hole  and  the  size  used  in  NOR  77-19 
(Reference  9)  for  the  original  economic  life  evaluation  of  the  -29  wing. 

Economic  Life  Approach 

Reference  11  evaluated  two  fracture  mechanics  based  methods,  the 
Deterministic  Crack  Growth  Approach  (DCGA)  and  the  Probabilistic  Crack 
Growth  Approach  (PCGA),  for  evaluating  economic  life.  The  DCGA  was  the 
method  used  in  NOR  77-19  for  the  original  economic  life  analyses  of  the  -29 
wing.  One  advantage  the  PCGA  has  over  the  DCGA  is  the  ability  to  take  into 
account  the  stochastic  nature  of  initial  manufacturing  quality.  Since  an  EIFS 
distribution  was  determined  from  the  wing  teardown,  the  PCGA  is  the  method  of 
choice  for  the  T-38  wing.  Table  3  summarizes  the  elements  in  the  PCGA 
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procedure  that  was  used  to  evaluate  the  economic  life  of  the  wing  lower  skin 
fastener  holes. 


Table  3.  Probabilistic  Crack  Growth  Analysis  Implementation 


PCGA  Concepts 

Implementation  of  PCGA  Concept 

Initial  Fatigue 

Quality 

•  Determine  Equivalent  Initial  Flaw  Size  (EIFS) 
distribution  fi-om  ACI  and  crack  growth  analyses. 

Structural  Damage 
Measure 

•  Determine  Mission  Severity  Ratios  for  SUPT,  MIXED 
SUPT/IFF,  IFF  and  ENJJPT  usages. 

•  Set  economic  life  criteria: 

-  Lower  Bound  =  0.03  inch  radial  crack 

-  Upper  Bound  =  0.1  inch  radial  crack 

•  Conduct  crack  growth  analyses  at  EIFS  locations. 

•  At  each  EIFS  location,  determine  the  initial  crack  sizes 
Ci(t)  to  reach  Cf  =  0.03  and  Cf  =  0.1  as  a  function  of 
flight  hours. 

Dominant  Crack 
Population 

•  Let  the  EIFS  locations  represent  the  133  skin  fastener 
holes  believed  to  have  fatigue  cracks.  (Found  by  ACI 
and/or  reamed  during  test.) 

Statistically 
Independent  Cracks 

•  Assume  that  crack  growth  at  one  location  is  not 
influenced  by  crack  growth  at  an  adjacent  location. 

Probabilistic  Format 

•  At  each  EIFS  location  determine  the  probability  of  an 
initial  crack  reaching  Cf  =  0.03  and  Cf  =  0.1  using  the 

EIFS  distribution. 

•  Conduct  Monte  Carlo  simulations  to  determine  the 
probability  of  the  number  of  holes  (Le.,  1,  2,  5,  10, 
20,...)  having  cracks  larger  than  Cf  =  0.03  and  Cf  =  0. 1. 


Probabilistic  Evaluation  of  Wing  Skin  Fastener  Holes 

Crack  growth  analyses  were  performed  at  the  24  EIFS  locations  plus  five 
non-EIFS  locations.  The  additional  five  fastener  holes  were  included  to  represent 
the  cracking  experience  found  during  the  durability  test  and  in  the  field  at  the  D- 
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Panel  and  at  WS  92.5/44%  spar  locations.  At  each  location,  analytical 
expressions  were  developed  for  Ci(t)  by  fitting  curves  to  the  crack  growth 
nuHKirical  results,  where  Ci(t)  is  the  initial  crack  size  required  to  reach  Cf  =  0.03  or 
Cf  =  0.1  at  time  t.  All  analyses  were  performed  for  SUPT  usage  since  most  of  the 
T-38  fleet  is  currently  flying  SUPT.  The  time  scales  for  mission  hours  were 
scaled  for  other  usages  according  to  the  mission  severity  ratios  shown  in  Table  2. 
From  the  WeibuU  EIFS  distribution  established  in  Section  3  and  the  Ci(t)  curves,  it 
is  possible  to  determine  the  probability  of  a  crack  at  any  one  of  the  29  fastener 
holes  exceeding  Cf  =  0.03  and  Cf  =  0. 1  as  a  function  of  flight  hours. 

The  final  step  in  the  PCGA  process  involved  determining  the  probability 
that  more  than  a  given  number  of  holes  (i.e.,  1,  2,  5,  10,  20,...)  have  cracks 
larger  than  c^  =  0.03  or  c,  =  0.1  inch.  The  population  of  crack  sites  was  taken  as 
the  fatigue  crack  locations  observed  in  the  durability  test.  A  fatigue  crack 
location  was  assumed  at  either  where  a  fatigue  crack  was  found  during  the  post¬ 
test  ACI  or  where  there  was  a  confirmed  rotoscan/eddy-current  (and  the  hole  was 
subsequently  reamed)  indication.  A  total  of  133  fastener  holes  fall  into  these 
categories  and,  thus,  the  29  analysis  locations  were  mapped  into  the  set  of  133 
holes  based  upon  the  similarity  of  the  holes  in  location,  size  and  expected  stress 
field. 

Using  the  model  representing  the  133  fastener  hotes,  Monte  Carlo 
simulations  were  conducted  to  determine  the  probability  of  the  number  of  holes 
having  cracks  larger  than  Cf  =  0.03  and  Cf  =  0. 1.  A  sample  size  of  2000  was  found 
to  be  adequate  for  the  simulations.  The  dashed  lines  in  Figure  6  shows  the 
simulation  results  for  the  SUPT  usage  for  Cf  >0.1  inch.  A  con^lete  set  of  plots 
for  all  usages  can  be  found  in  Reference  2.  Probability  curves  for  the  ENJJPT, 
T  .TF/TFF  and  MIXED  SUPT/IFF  usages  were  obtained  firom  the  SUPT  results  by 
scaling  the  flight  hours  according  to  the  usage  severity  ratios  given  in  Table  2. 

To  use  these  probability  curves  for  economic  life  predictions  requires  a 
definition  of  the  economic  life  limit.  For  exan:q)le,  is  the  economic  life  of  the  wing 
reached  when  there  are  30  fastener  cracks  reaching  c{Final}  =  0.03  inch?  Or  is  the 
economic  life  of  the  wing  reached  when  there  are  15  fastener  cracks  reaching 
c{Final}  =  0.1  inch?  Obviously,  to  establish  such  economic  life  criteria  requires: 
(1)  knowledge  of  the  T-38  wing  structure,  (2)  past  field  and  depot  maintenance 
experience  in  repairing  -29  wings  with  small  (e.g.,  0.03  inch)  cracks  and 
repairing/condemning  vmgs  with  larger  (e.g.,  0.1  inch)  cracks,  and  (3)  the  depot's 
and  field's  ability  to  provide  the  greater  levels  of  engineering  and  maintenance 
support  required  when  the  number  of  cracks  found  in  the  wing  increases.  Once 
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the  criferion  is  established,  the  appropriate  jpfobability  curves  in  Figure  6  can  be 
multiplied  by  the  fleet  size  to  obtain  the  wing  replacement  rates  as  a  function  of 
flight  hours. 


Flight  Hours 

Figure  6.  Probability  that  N  or  More  Holes  will  have  a  Crack  Greater  Than 
0.1  Inch  for  SUPT  Usage  (Arrows  Illustrate  Difference  in  Non-Coldworked 

and  Coldworked  Holes) 


Validation  of  the  Probabilistic  Model 

Using  the  ACI  teardown  results  and  the  results  of  the  periodic  inspections 
performed  during  the  durability  test,  it  was  possible  to  evaluate  the  validity  of  the 
probabilistic  model  For  exan:q)le.  Table  4  con:q)ares  the  probabilistic  predictions 
with  the  cracking  experience  found  in  the  wing  durability  test.  The  analytical 
predictions  were  adjusted  for  the  ENJJPT  test  usage.  The  test  and  analytical 
predictions  shown  in  the  table  coii5)are  favorably,  especially  if  one  considers  that 
49  fastener  holes  were  reamed  during  the  durability  test,  and  cracks  of  unknown 
sizes  were  removed  by  the  reaming  process 


Table  4.  Comparison  of  Probabilistic  Model  Predictions  with  Durability 

Test  Results 


No.  of  Cracks  Exceeding  0.03 
(Durability  Test  ACI) 

Avg.  No.  of  Cracks  Exceeding  0.03 
(Predicted) 

64 

58 

No.  of  Cracks  Exceeding  0.1 
(Durability  Test  ACI) 

Avg.  No.  of  Cracks  Exceeding  0.1 
(Predicted) 

15 

25 

A  second  validation  was  made  by  comparing  the  probabilistic  predictions 
with  the  crack  indications  found  by  rotoscan  and  eddy-current.  The  test  data  and 
the  associated  Weibull  fit  to  those  fastener  holes  that  had  to  be  reamed  larger  than 
1/16  inch  to  remove  a  0.03125  inch  radial  crack  are  re-plotted  in  Figure  7  along 
with  Monte  Carlo  simulation  results.  The  hole  population  used  in  the  probabilistic 
analysis  were  the  52  holes  in  Area  5A  that  either  has  a  confirmed  crack  found 
during  the  post-test  ACI  or  a  confirmed  ro  to  scan/eddy-current  indication.  The 
simulation,  adjusted  for  ENJJPT  usage,  shows  the  expected  number  of  holes 
reaching  0.03  inch  as  a  function  of  flight  hours.  Results  are  given  in  terms  of  the 
cumulative  percent  of  the  total  population  of  52  holes.  The  analytical  predictions 
provide  an  upper  bound  to  the  test  results.  The  analysis  should  bound  the  test 
results  from  above  since  not  all  the  cracks  could  be  found  in  an  inspection. 

Economic  Life  for  Wing  Skin  Fastener  Holes 

After  considerable  discussion  with  SA-ALC  personnel  and  evaluation  of 
the  wing  durability  test  data,  SwRI  recommended  that  the  economic  life  criteria 
for  the  wing  skin  fastener  holes  be  taken  as  when  there  is  a  50%  probability  that 
15  fastener  or  more  holes  reach  c  =  0.1  inch.  Therefore,  the  cumulative 
distribution  function  (CDF)  corresponding  to  the  N  >  15  curve  in  Figure  6  was 
used  for  the  economic  life  evaluation  of  the  skin  fastener  holes  without 
coldworking.  For  example  at  this  50%  probability  level  (Pr  =  0.5),  Figure  6 
indicates  that  the  economic  life  for  SUPT  usage  is  15,000  flight  hours. 


CDF 


Figure  7.  Comparison  of  Probabilistic  Simulation  with 
Durability  Test  Experience 


Using  curves  similar  to  those  in  Figure  6  for  c  =  0.03  inch,  the  criterion  for 
15  or  more  wing  skin  fastener  holes  reaching  c  =  0.1  inch  is  approximately  the 
same  as  45  or  more  fastener  holes  reaching  c  =  0.03  inch.  From  Table  4,  the 
number  of  cracks  exceeding  0.03  and  0.1  inch  m  radial  depth  for  the  unreamed 
and  reamed  holes  found  during  the  durability  test  AGI  was  64  and  15, 
respectively.  Although  the  test  was  concluded  at  26,500  ENJJPT  flight  hours,  if 
the  cracking  experienced  during  the  durability  test  had  been  found  on  a  service 
wing,  the  wing  would  probably  have  been  condemned  before  26,500  flight  hours. 
Using  the  mission  severity  ratios  given  in  Table  2,  26,500  ENJJPT  flight  hours 
would  be  equivalent  to  about  20,000  SUPT  hours.  Therefore,  the  criteria  of  15 
holes  having  cracks  greater  than  0.1  inch,  appears  to  be  con5)atible  with  the  wing 
durability  test  results. 

Economic  lives  at  the  50%  probability  level  for  the  ENJJPT,  LIF/IFF,  and 
MIXED  SUPT/IFF  usages  were  obtained  by  scaling  the  SUPT  life  using  the 


mission  flight  hour  ratios  given  in  Table  2.  These  lives  can  be  interpreted  as  the 
number  of  flight  hours  when  50%  of  the  wings  in  the  fleet  would  be  expected  to 
have  to  be  replaced  because  of  cracking  in  fastener  holes  similar  to  the  hole 
cracking  found  from  the  -29  durability  test. 

Effect  of  Coldworking  Selected  Fastener  Holes 

SA-ALC  plans  to  coldwork  a  number  of  the  fastener  holes  outboard  of 
WS  64.8  that  experienced  cracking  in  the  wing  durability  test.  One  purpose  of  the 
T-38  Lower  Wing  Skin  Coupon  Test  (Reference  3)  was  to  quantify  the  effect  on 
fatigue  life  of  coldworking  existing  countersunk  fastener  holes.  The  results  of  that 
testing  indicated  that  only  about  an  1.5  increase  in  fatigue  life  was  obtained  when 
existing  countersunk  fastener  holes  were  coldworked.  Effects  of  coldworking  in 
the  probabilistic  analysis  were  accounted  for  by  establishing  a  new  EIFS 
distribution  that  would  result  in  a  1.5  increase  in  fatigue  life  corresponding  to  a 
final  crack  size  of  0.1  inch.  The  dashed  line  in  Figure  5  shows  the  new  EIFS 
distribution  plotted  on  WeibuU  probability  paper  together  with  the  non- 
coldworked  distribution.  The  mean  initial  equivalent  flaw  size  decreases  to  about 
0.0025  inch  for  the  coldworked  holes. 

The  probabilistic  simulations  were  re-conducted  using  the  new  EIFS 
distribution,  and  the  results  are  shown  as  solid  lines  in  Figure  6.  The  increase  in 
life  at  the  50%  probability  level  was  1.35  using  the  Cf  =  0.03  inch  criterion  and  1.4 
using  the  Cf  =  0.1  inch  criterion.  The  full  1.5  increase  in  life  was  not  realized 
because  not  aU  of  the  fastener  holes  in  the  133  hole  analysis  set  were  coldworked. 
Using  the  50%  probability  level,  the  economic  life  for  the  coldworked  wing  skin 
under  SUPT  usage  increases  from  15,000  to  20,500  flight  hours  when  the 
selected  fastener  holes  are  coldworked. 

Inclusion  of  LIF/IFF  Service  Cracking  Experience 

As  mentioned  at  the  beginning  of  this  section,  a  number  of  cracks  have 
been  found  in  -29  wings  flying  the  LIF/IFF  usage.  The  majority  of  the  wing 
cracking  is  located  at  the: 

•  Landing  Gear  Door  Radius  at  WS  64.8 

•  D-Panel 

•  Skin  in  the  Milled  Pockets  Areas  at  WS  78 

•  WS  92.5  Fastener  Holes  at  the  44%  Spar 

Cracking  at  the  landing  gear  door  radius  and  at  the  D-Panel  can  be 


repaired  and  have  not  caused  any  wings  to  be  removed  from  service.  However, 
cracks  in  the  milled  pockets  of  the  wing’s  skin  are  not  repairable,  and  when  a 
crack  is  found  the  wing  must  be  removed  from  service. 

As  of  November  1995,  five  wings  flying  the  LIF/IFF  usage  were 
condemned  because  of  cracks  found  in  the  skin  at  WS  78  during  field  inspections. 
A  separate  WeibuU  analysis  of  cracking  at  WS  78  was  performed  for  the  71 
aircraft  flying  the  LIF/ERF  usage  for  the  entire  Ife  of  the  wing.  Figure  8  shows 
the  probability  of  cracking  given  by  the  WeibuU  analysis.  The  data  points  for  the 
five  condemned  wings  fall  very  close  to  the  WeibuU  curve.  Another  WeibuU 
analysis  was  performed  for  the  cracking  at  the  WS  92.5  fastener  holes.  For  this 
case  the  USAF  had  condemned  eight  wings,  and  cracks  in  20  other  wings  has 
been  stopped  driUed  and  placed  on  a  25  hour  recurring  eddy-current  inspection. 
For  the  economic  Ufe  evaluation,  aU  28  wings  were  assumed  to  have  reached  then- 
economic  life.  Figure  9  shows  the  WeibuU  fit  to  the  cracking  experienced  at  WS 
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Figure  8.  WS  78 — Cracking  Experience 
IFF/LIF  Usage 
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Figure  9.  WS  92.5  ■ 
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Wings  -  IFF/LIF  Usage 


At  the  50%  probability  level  the  economic  lives  for  these  two  locations  for 
the  SUPT  usage  is  given  in  Table  5.  Since  the  USAF  is  planning  to  instafl  a 
rivetless  nutplate  at  WS  92.5,  the  corresponding  increase  in  fatigue  life  was  taken 
to  be  a  factor  of  1.5  based  upon  the  coldworked  coupon  tests.  No  increase  in 
fatigue  life  was  assumed  at  WS  78,  since  no  life  enhancement  method  has  been 
demonstrated  to  alleviate  cracking  in  the  skin’s  milled  pockets. 

Economic  Life  Based  Upon  Wing  Durability  Test  and  LIF/IFF  Cracking 
Experience 

The  previous  sections  discussed  the  cracking  experience  found  in  the 
LIF/IFF  fleet  at  WS  92.5  and  WS  78,  as  weU  as  the  cracking  experienced  in  the 
wing  lower  skin  durability  test.  These  three  modes  were  combined  to  estimate 
the  reliability  and  replacement  schedule  for  the  complete  wing.  This  was 
accomplished  as  follows: 


Table  5.  Wing  Economic  Lives  (50%  Probability  Level)  Considering  Individual  and 
Combined  Replacement  Modes,  SUPT  Usage 


Replacement 

Modes 


Economic  Life  Economic  Life  vnth  Coldworking 
(Flight  Hours)  (Flight  Hours) 


Wing  Skin 
WS  92.5 
WS78 
Combined 


15,000 

13,150 

12,290 

12,000 


20,500 

19,725 

None 

12,300 


Let  PXOsidn  represent  the  probability  that  the  wing  will  have  to  be  replaced 
by  time,  t,  because  of  the  cracking  in  the  wing  skin.  can  be  obtained  from 

Figure  6.  The  reliability  of  the  wing  at  time  t,  considering  only  cracks  in  the  skin, 
then  becomes 


=  1  -  p,  (Os^  (2) 

Similar  expressions  for  the  reliability  associated  with  WS  78  and  WS  92.5  can  be 
developed  from  the  curves  given  in  Figures  8  and  9.  Assuming  that  each 
replacement  mode  is  independent,  then  the  wing  reliability  at  time  t,  R(f),  is  the 
product  of  the  individual  reliabilities  for  R(t)ws92j>  R(t)ws74  RCOskm*  Therefore, 
the  probability  of  wing  replacement  at  time  t  now  becomes 

PXt)w^,  =  1  -  R(t)wins  =  1  -  [1-  P,  (t)wS9.J[l-  P,  (t)wS78][l-  P,  (OsJ  (3) 

where  P^  (t)s^ ,  P,  (t)ws92.5»  and  P,  (O^sTg  are  given  respectively  in  Figures  6,  8  and 
9. 

The  predicted  number  of  wing  replacements  by  time,  t,  in  flight  hours  is 
given  by  the  fleet  size  times  the  probability  of  wing  replacement. 

At  a  50%  probability  level,  the  economic  lives  for  the  combined 
replacement  modes  for  the  skin,  WS  92.5  and  WS  78  are  given  in  Table  5.  For 
the  combined  replacement  modes,  little  increase  in  life  is  obtained  from 
coldworking.  Although  coldworking  the  selected  fastener  holes  and  installation  of 
the  rivetless  nutplates  do  have  an  effect  on  the  economic  life  of  the  wing  skin  and 
the  WS  92.5  fastener  holes,  cracks  in  the  milled  skin  at  WS  78  dominate  the 
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economic  life  of  the  entire  wing.  No  life  improvement  at  WS  78  was  assumed 
since  a  repair  of  a  crack  in  the  wing  skin  is  not  currently  available. 

5.0  WING  REPLACEMENT  SCHEDULE 

In  this  section,  the  probability  of  wing  replacement  given  by  Equation  (3) 
will  be  used  to  predict  the  replacement  schedule  for  the  T-38  -29  fleet.  This 
schedule  provides  the  anticipated  wing  replacement  requirements  so  that  adequate 
lead  times  are  available  for  obtaining  funding,  establishing  the  appropriate 
procurement  contracts,  and  manufacturing  the  wings. 

Table  6  shows  the  numbers  of  T-38A  and  T-38B  aircraft  in  the  Air 
Education  Training  Command  (AETC)  and  is  divided  into  three  time  frames: 

•  Prior  to  January  1996 

•  From  January  1996  to  Avionics  Upgrade 

•  Past  the  Avionics  Upgrade 

Similar  information  was  obtained  for  the  Air  Combat  Comniand  (ACC)  and  Air 
Force  Materiel  Command  (AFMC).  As  shown  in  Table  6,  all  T-38As  in  the  AETC 
are  assumed  to  have  flown  the  ENJJPT  usage  from  the  time  of  wing  manufacture 
until  January  1996.  The  65  T-38B  aircraft  flying  the  LIF  usage  are  assumed  to 
have  flown  this  mission  over  the  entire  wing  life.  The  term  "duration  (hrs)"  in  the 
table  is  the  average  number  of  fleet  flight  hours  for  that  particular  usage.  All 
economic  life  predictions  are  based  on  average  fleet  flight  hours  for  a  given  usage, 
rather  than  individual  aircraft  hours. 

From  January  1996  to  the  time  of  installation  of  the  avionics  upgrade  in  the 
yeai-  2000,  the  51  Instructor  Pilot  Training  (IPT)  aircraft  are  assumed  to  be  flown 
300  hours  per  year  and  will  accumulate  1200  flight  hours.  The  92  aircraft  which 
had  flown  ENJJPT  usage  prior  to  1996  have  now  transitioned  to  SUPT  usage  and 
will  accumulate  an  additional  1680  hours  each  by  the  time  the  avionics  upgrade  is 
installed  in  the  year  2000.  The  other  220  aircraft  are  now  flying  SUPT  at  348 
hours  per  year  and  are  assumed  to  have  accumulated  1392  SUPT  hours  each  by 
the  year  2000.  It  is  further  assumed  that  the  avionics  upgrade  is  applied  to  the 
AETC  IFF  fleet  in  the  year  2002,  after  which  time  the  fleet  will  be  drawn  down  to 
41  aircraft  and  continued  to  fly  the  combined  SUPT/IF'F  usage.  Beyond  the  time 
of  the  avionics  upgrade,  the  51  IPT  and  92  SUPT  (formerly  ENJJPT)  aircraft  will 
continue  to  fly  at  300  and  420  hours  per  year,  respectively. 
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Table  6.  Assumptions  for  T-38  Wing  Replacement  —  AETC  Usage 


13920  12528 


The  adjustments  in  equivalent  flight  hours  from  other  usages  to  the  SUPT 
usage  were  based  upon  the  mission  severity  ratios  given  in  Table  2.  The  number  of 
predicted  wing  replacements  at  a  given  number  of  flight  hours  was  obtained  by 
multiplying  the  probability  of  wing  replacement  in  Equation  (3)  by  the  fleet  size. 
Results  are  shown  in  Figure  10  for  the  various  usages.  It  is  assumed  that  aU 
aircraft,  except  the  IFF  T-38Bs,  have  life  enhancement  applied  to  the  wing  lower 
skin  (coldworldng)  outboard  of  WS  64.8  and  at  the  WS  92.5/15%  spar  fastener 
hole  (rivetless  nutplate).  Figure  10  projects  that  two  wing  replacements  will  be 
required,  one  starting  in  about  2012  and  a  second  replacement  of  the  SUPT/IFF 
wings  in  about  the  year  2035. 

The  analysis  assun:5)tion  that  probably  has  the  greatest  effect  on  the  fatigue 
crack  growth,  and  hence,  economic  life,  is  the  assumed  future  MIXED  SUPT/IFF 
usage.  The  wing  replacement  schedule  was  based  upon  an  assumed  mission  mix 
61%  SUPT  and  39%  IFF.  To  provide  an  estimate  as  to  what  effect  variations  in 
the  SUPT/EFF  usage  could  have  on  the  wing  replacement  schedule,  an  analysis  was 
conducted  for  the  185  aircraft  that  will  be  flying  SUPT/IFF  after  the  year  2000. 
Assuming  a  variation  of  plus  or  minus  15%  in  usage  severity  from  the  baseline 
(assumed  usage)  case,  the  differences  in  usage  severity  could  account  for  a  change 
in  the  wing  replacements  times  of  about  plus  or  minus  three  years. 

It  is  noted  that  the  actual  wing  replacement  schedules  shown  in  Figure  10 
were  developed  by  using  the  entire  probability  curves  in  Figures  6,  8  and  9.  The 
economic  lives  given  in  Table  5  were  at  the  50%  probability  level. 

6.0  SUMMARY  AND  RECOMMENDATIONS 

This  paper  has  provided  an  economic  life  assessment  of  the  T-38  -29  wing 
to  predict  wing  replacement  rates  from  the  present  time  to  the  year  2040.  Such 
anticipated  wing  replacement  requirements  were  needed  by  the  USAF  to  allow 
adequate  lead  times  for  obtaining  funding,  establishing  the  appropriate 
procurement  contracts,  and  manufacturing  the  wings. 

The  assessment  used  a  probabilistic  approach  that  combined  results  from  a 
full-scale  durability  test  of  the  -29  wing  with  in-service  fetigue  cracks  found  in 
aircraft  flying  the  TJF/TFF  usage.  The  economic  life  evaluation  also  considered  the 
effects  of  fatigue  life  enhancements  to  the  -29  wing  by  coldworking  selected  lower 
wing  skin  fastener  holes  outboard  of  WS  64.8  and  applying  rivetless  nutplates  to 
specific  fasteners  at  WS  92.5. 
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Figure  10.  T-38  Projected  Wing  Replacement  Schedule 


The  evaluation  made  certain  assunqitions  that  should  be  reviewed  as 
updated  information  concerning  T-38  fleet  operations  becomes  available.  For 
example,  the  structural  severity  of  a  recently  introduced  usage,  Introduction  to 
Fighter  Fundamentals  (IFF),  was  taken  to  be  the  same  as  the  Lead-In  Fighter 
(LIF).  When  new  IFF  data  are  obtained  from  ongoing  flight  usage  assessment 
programs,  the  equivalency  of  the  LIF/IFF  usages  and  the  inpact  on  economic  life 
should  be  reviewed.  After  conpletion  of  the  avionics  upgrade  in  about  the  year 
2000,  the  AETC  anticipates  flying  a  combined  SUPT/IFF  syllabus.  This  analysis 
assumed  a  mission  mix  of  61%  SUPT  and  39%  LIF.  However,  ^er  the  MIXED 
SUPT/IFF  usage  is  introduced,  a  new  flight  usage  survey  program  should  be 
conducted,  and  the  effects  of  the  new  MIXED  SUPT/IFF  usage  on  both  flight 
safety  and  economic  life  should  be  updated. 

SA-ALC’s  cracked/condemned  -29  wing  database  was  valuable  in 
predicting,  with  a  WeibuU  analysis,  future  cracking  rates  at  the  Landing  Gear  Door 
Radius,  D-Panel,  Wing  Skin  at  WS  78,  and  the  WS  92.5/44%  Spar  Fastener  Holes. 
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This  database  should  be  actively  maintained,  and  the  WeibuU  analyses  should  be 
periodically  updated  to  reflect  current  aircraft  usage  and  cracking  experience. 

Furthermore,  since  skin  cracks  in  the  milled  pocket  at  WS  78  appear  to  be 
the  dominate  reason  for  condemning  the  wing,  the  USAF  should  evaluate  methods 
to  extend  the  fatigue  life  at  these  milled  pockets  in  the  current  -29  wing.  For  future 
wing  production,  the  USAF  should  consider  redesign  of  those  areas  or 
improvements  in  the  manufacturing  process. 

As  discussed  in  this  paper,  the  SA-ALC  has  a  number  of  completed  and 
ongoing  programs  addressing  the  durability  of  the  -29  wing.  As  the  T-38  s  new 
avionics  upgrade  program  matures,  similar  economic  life  assessments  for  the 
fuselage  should  be  conducted  to  ensure  that  the  fuselage’s  durability  behavior  will 
meet  future  Air  Force  training  requirements. 
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Managing  a  fleet  of  aircraft  without  knowing  each  aircraft's  present 
condition  is  very  difficult.  Even  though  the  C-141  has  an  extensive  data 
base  of  cracks  and  repairs,  there  is  still  other  data  that  needs  to  be 
added  to  effectively  manage  a  large  group  of  aircraft.  This  is 
particularly  true  for  the  C-141  systems  data.  This  presentation  will 
show  how  the  System  and  Structural  Assessment  Program  (SSAP)  was 
performed.  Although  this  program  is  being  performed  on  the  C-141  it 
can  also  be  applied  to  any  aircraft  system.  I  would  like  to  thank  Russ 
Alford  the  Cl 41  ASIP  Manager  for  making  this  program  possible  and 
assisting  me  on  this  presentation. 
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What  Is  the  Purpose  of 
the  SSAP  ? 


Assess  the  structural  repair 
configuration  of  seiected 
aircraft 


Gather  system  data  for 
individual  aircraft  and  add  to 
the  existing  database 


The  purpose  of  the  SSAP  is  to  verify  existing  structural  repairs  that 
exists  in  the  present  C-141  database  and  document  any  additional 
repairs  not  in  that  database.  This  is  an  integral  part  of  the  repair 
tracking  program  and  is  used  to  help  establish  inspection  intervals. 

The  C-141  aircraft  systems  are  being  inspected  to  establish  a  database 
to  depict  the  overall  system  integrity,  thus  making  it  easier  to  establish 
trends  in  the  degradation  of  particular  systems. 
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Aging  Aircraft 


Numerous  repairs 
on  aging  aircraft 
affect  the 
structural  integrity 


It  is  very  important 
to  know  the  extent 
of  these  repairs 


With  increasing  pressure  on  both  military  and  commercial  fleets  due  to 
aging  of  their  aircraft,  the  area  of  repair  tracking  is  becoming 
increasingly  important.  It  is  necessary  to  be  able  to  establish  the  risk 
of  flying  high  time  aircraft  on  an  individual  aircraft  basis.  The  number, 
location  and  size  of  existing  repairs  is  an  essential  part  of  this  structural 
analysis.  The  information  gathered  will  significantly  enhance  the  safe 
management  of  operational  aircraft. 
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Condition  of  Systems 


•  Deterioration  of  systems  criticai  issue  for 

aging  aircraft  miitimmt. 

•  Aircraft  systems  are  high  maintenance 
items 


•  Develop  discrepancy  trend  patterns  and 
form  a  statistical  data  base 


The  degradation  of  systems  on  an  aging  aircraft  is  a  major  concern  of 
the  Air  Force.  Systems  are  high  maintenance  items  and  if  not 
inspected  on  a  regular  basis  can  increase  the  maintenance  cost  and 
put  the  aircraft  at  a  higher  risk  while  flying.  The  SSAP  assesses  the 
systems  and  creates  a  statistical  database  that  may  show  patterns  or 
trends  in  the  degradation  of  particular  systems.  This  information  can 
not  only  be  used  to  lower  maintenance  cost  and  decrease  down  time 
but  also  to  increase  safety. 
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Program  Scenario 


The  SSAP  scenario  begins  with  each  team  extracting  existing  data  on 
an  individual  aircraft  from  the  C-141  repair  tracking  database.  This  data 
consists  of  the  discrepancy,  location,  repair  description,  inspection 
intervals  and  date  repair  was  documented.  Teams  also  get  a  systems 
checklist  with  specific  areas  and  particular  types  of  discrepancies  to  be 
assessed. 

Teams  then  travels  to  bases  where  the  ISO  inspection  is  being 
performed  on  that  aircraft.  The  aircraft  systems  are  inspected  and 
existing  structural  repairs  are  verified  or  documented  along  with 
identifying  numbers  and  photographs.  All  the  system  and  structural 
data  is  input  into  computer  programs,  while  on  location.  All  the  data  for 
the  individual  aircraft  is  sent  by  modem  to  the  Data  Control  Center  for 
uploading  into  the  main  database. 
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Assessment  Performed 
at  Isochronal  Inspections 


4  Teams  traveling  to  11 
different  bases 


•  Work  performed  on  a  non 
interference  basis 


The  SSAP  program  consisted  of  4  teams  of  2  engineers  per  team  that 
traveled  to  1 1  Air  Force  Bases. 


There  were  135  selected  aircraft  to  receive  the  assessment.  The  Air 
Force  selected  these  aircraft  based  on  retirement  date,  total  damage 
hours  and  other  factors.  The  bases  are  notified  to  confirm  the  ISO 
inspection  date  of  the  selected  aircraft.  The  assessment  teams  are 
then  scheduled  to  be  present  during  the  ISO  inspection.  These 
assessments  usually  take  3  days  and  are  being  accomplished  on  a 
non-interference  basis  with  the  normal  ISO  inspection  (5  to  7  days). 
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Recording  Structures 


The  input  of  a  new  structural  repair  consist  of  the  following:  a/c  tail 
number,  description  of  the  part  that  is  repaired,  description  of  the  repair, 
repair  picture  number,  location  (FS,  WL,  ect.)  and  length,  width, 
thickness  and  orientation  of  repair.  Also  included  are  the  inspection 
intervals  associated  with  the  repairs. 


The  repair  is  then  videoed  and  a  digital  picture  is  captured  and  saved 
on  the  computer  using  the  repair  picture  number  as  the  file  name.  The 
video  tape  containing  the  repairs  for  each  aircraft  is  also  stored  in  the 
SSAP  library. 


For  a  repair  that  is  already  in  the  database,  the  repair  information  is 
verified  to  be  accurate.  If  there  are  erroneous  entries,  the  record  will  be 
corrected  to  agree  with  the  repair  installed. 


After  all  structural  repairs  have  been  verified  and  documented  the  data 
is  sent  via  modem  to  Lockheed  Martin  to  be  uploaded  to  the  main 
database. 
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Identifying  the  Repair 


Each  repair  is  identified  by  a  number.  Shown  here  is  an  engineer 
numbering  a  structural  repair  in  the  hayloft  area  of  the  aircraft.  Some 
repairs  are  standard  and  have  already  been  defined  with  standard 
repair  numbers.  These  repairs  are  not  photographed. 
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Photographing  the  Repairs 


In  confined  spaces  a  small  digital  camera  is  used  as  shown  here. 
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SSAP  Structures  Results 
for  100  Aircraft 

•  19617  Total  repairs 

•  3943  New  repairs  added  to  database 


Area 

New  Repairs 

Fuselage 

3249 

Wing 

622 

Empennage 

72 

The  structural  results  for  100  aircraft  are  shown  on  this  slide.  The  total 
number  of  repairs  are  shown  compared  to  the  additional  repairs  found 
during  SSAP.  This  shows  that  20%  of  the  repairs  were  not  in  the 
database,  and  most  of  those  were  on  the  fuselage. 
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The  above  slide  shows  a  fuselage  plot  of  a  typical  aircraft.  This  plot  is 
computer  generated  from  the  repair  tracking  database  which  includes 
records  input  during  the  SSAP.  Each  repair  symbol  represents  a  repair, 
and  may  be  selected  (double-clicked)  to  see  repair  description,  crack 
growth  analysis  for  the  zone  and  photograph  or  drawing  of  the  specific 
repair. 
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Photo  of  Repair 


Shown  above  is  a  typical  ‘E’  point  repair  install  on  the  no.  2  pylon 
wing. 


Photo  of  Repair 


Shown  on  this  slide  is  a  doubler  installed  on  the  hayloft  floor. 
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Photo  of  Repair 


Shown  on  this  slide  are  3  adjacent  repairs  located  on  the 
pressure  bulkhead 
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Recording  Systems  Data 


Visual  Inspection 


General  Condition 


Specific  items 


Record  Discrepancies 


For  the  systems  assessment,  which  also  includes  secondary  structure, 
53  general  areas  of  the  aircraft  were  visually  inspected.  The  systems 
checklist  also  contain  a  total  of  898  specific  items  which  are  common 
discrepancies  usually  found  in  these  areas.  When  these  discrepancies 
or  ones  not  on  the  list  were  found  they  were  recorded. 


All  items  on  check  list  are  in  the  systems  input  program.  Each 
individual  system  item  has  3  choices;  no  discrepancies  found,  unable  to 
inspect  or  discrepancy  found.  When  a  discrepancy  is  found,  comments 
may  be  entered  describing  the  findings. 

If  a  major  discrepancy  is  noted  (bare  wire  in  hydraulic  area  or  engine 
disconnect,  etc..)  it  is  digitally  photographed  and  the  identifying  picture 
file  entered  into  the  comments. 

Each  individual  area  is  rated  on  a  scale  from  1  to  10  (10  being 
excellent)  after  all  items  for  that  area  are  inspected.  Also  the  percent  of 
new  wiring  present  is  noted  if  applicable  to  that  area. 

After  all  system  items  have  been  input  the  data  is  sent  via  modem  to 
Lockheed  Martin  to  be  uploaded  to  the  main  database. 
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System  Results 


% 


Area  Discrepancy  Discrepant 


Fuel  boost 

Worn,  frayed 

85  % 

pump  wiring 

Insulation 

APU  start 

Corrosion 

79% 

accumulator 

Flap  tracks 

Corrosion 

73% 

The  top  three  discrepant  system  items  are  shown  above. 
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System  Discrepancy 


This  is  the  APU  start  accumulator,  mild  corrosion  is  on  the  cylinder 
threads. 
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System  Discrepancy 


This  photograph  shows  two  system  items,  the  flap  track  rib  with  mild 
corrosion  and  the  flap  jackscrew.  Also  shown  is  a  secondary  structure 
item,  a  flap  carriage  containing  moderate  corrosion. 
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System  Discrepancy 


This  photo  shows  where  a  jackscrew  has  cut  into  a  closure  fitting  inside 
the  flap.  This  situation  occurs  when  the  flap  carriage  is  mis-located. 
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System  Discrepancy 


This  photograph  shows  the  flap  track  drive  torque  tube  rubbing  against 
a  stiffener  on  the  rear  beam.  Notice  the  witness  mark  indicating  that 
the  torque  tube  rotated  and  rubbed  against  the  stiffener.  This  was 
caused  by  the  rubber  bushing  coming  out  of  the  gear  box  support, 
shown  on  the  left  of  the  photograph. 


System  Problem 


Black  tape  shown  here,  indicates  the  wrong  type  of  electrical  tape  for 
the  engine  compartment. 
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A  potentially  serious  area  is  where  the  wire  for  the  fuel  boost  pump 
connector  passes  through  the  rear  beam  of  the  wing. 

This  photo  is  shot  from  the  aft  side  of  the  wing  rear  beam.  The 
connection  is  made  within  the  wing  box  and  is  sealed  by  a  housing.  If 
the  housing  leaks  and  the  hole  is  filled  with  sealant,  fuel  will  be  trapped 
at  the  connection.  The  hole  should  be  clear  of  sealant  as  shown 
above. 
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Secondary  Structure  Results 

Area 

Discrepancy 

% 

Discrepant 

Flap  carriage 

Corrosion 

72% 

Aileron  trailing  edge 

Repairs 

64% 

Pylon  blowout  doors 

Repairs 

63  % 

Shown  on  this  slide  are  the  top  three  discrepancies  in  the  secondary 
structure. 
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Secondary  Structure 
Discrepancy 


The  above  slide  shows  a  large  puncture/crack  in  the  secondary 
structure  of  the  bullet  on  the  horizontal  stabilizer. 


What  Are  We  Doing  With 
All  the  Results  ? 

•  Define  inspection 
intervals 


•  Optimize 
inspections 

•  Statistical 
summary 

•  Risk  analysis 


The  data  for  both  systems  and  structures  is  added  to  the  existing 
database  to  be  used  to  effectively  manage  individual  aircraft.  The 
structures  database  is  used  to  schedule  inspections  and  perform 
analyses  to  maintain  flight  safety.  The  systems  and  secondary 
structure  database  is  used  to  statistically  perform  forecast/trend 
analyses  for  various  components. 

Tailored  Aircraft  Inspection  Program  (TAIP)  is  presently  being 
developed  so  that  structural  repairs  or  system  inspections  will  be 
optimized  for  an  individual  aircraft  based  on  a  combination  of 
considerations.  These  considerations  include,  damage  hours,  usage, 
number  of  repairs  or  discrepancies  along  with  already  scheduled 
inspections. 
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With  the  additional  information  collected  during  the  SSAP  on  both  the 
systems  and  structures  the  user  may  access  the  information  shown 
above.  This  information  helps  manage  the  aging  fleet  effectively, 
efficiently  and  safely.  This  data  also  will  help  predict  problems  that  may 
arise  later  in  the  fleet. 
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As  shown  the  SSAP  is  adding  to  an  already  valuable  database.  By 
filling  in  missing  pieces  and  verifying  known  repairs  the  database  is 
made  more  useful  and  accurate.  It  also  is  creating  a  database  of 
important  system  findings  that  did  not  exist  prior  to  the  program.  This 
data  aids  in  repair  tracking  by  re-defining  inspection  intervals  and 
predicting  life  expectancy  of  structures  and  systems.  This  database  is 
essential  to  managing  an  aging  aircraft  at  the  most  critical  phase  of  it’s 
life. 
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Aircraft  Structures  Database 
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Aircraft  Structures  Database 
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Zone  Forward  fuselage 
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Plot 


Aircraft  Structures  Database 
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Aircraft  Typ 
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Part  BS  420  Frame  near 
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Plot 
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Aircraft  Structures  Database 
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Flight  Hours 
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C60909  007 
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C60909.008 
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C60909.009 
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An  Overview  of  the  Wright  Laboratory 
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Wright  Laboratory 


tUFi 


86 


87 


Reduce  Support  Costs  while  Increasing  Fati2ue  Life 
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Structural  Integrity  of  Aging  Aircraft 
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orative  learning 
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Structural  Integrity  of  Aging  Aircraft 
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Provide  the  necessary  tools  to  determine  the  effects  of 
corrosion/fatigue  on  structural  integrity 
-  Interaction  with  WFD 
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-  Design  criteria,  structural  integrity 


Structural  Integrity  of  Aging  Aircraft 
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^  Damage  Tolerance  Analysis 

-  Experimental  verification 

—  Identify  M&P  needs,  NDI/E  requirements 


Thermal  effects 
Nonlinear  adhesive 
Progressive  damage 


COMPARISON  OF  experimental  ANR 
ANALYTICAL  FATIGUE  CRACK  GROWTH 
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Provide  probabilistic  tools  for  risk  assessment 
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•  Probabilistic  analysis 
-  WL/AFOSR/Purdue 
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Fracture  Toughness 


Structural  Integrity  of  Aging  Aircraft 
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•  Discrete  Source  Damage 

Validation 


Structural  Integrity  of  Aging  Aircraft 
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Develop/validate  analysis  methods 
Demonstrate  suppression  techniques 


Structural  Integrity  of  Aging  Aircraft 


-  Prediction  and  Suppression 

•  Aeroelasticity,  buffet,  LCO,  Acoustics 


DYNAMICS  -  AEROELASTICITY 


o 


C3 


106 


Collaborate  with  Navy 


DYNAMICS  -ACOUSTICS 
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Flight  Test  Best  Concept  .  Blown  Air 
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Product-oriented  approach 


Aging  aircraft  management  in  terms  of  safe  operations  is  probably  one  of  the 
primary  concerns  of  both  civilian  and  military  users  today.  This  presentation 
today  deals  with  an  analytical  approach  that  provides  maintainers  with  a  tool  that 
will  aid  the  decision  making  process.  Although  presented  in  a  generic  sense,  it  is 
fair  to  say  that  it  draws  heavily  on  the  last  twenty  (20)  years  of  C-141  Starlifter 
force  management  experience. 

I  wish  to  thank  my  colleague  Mr.  Russ  Alford,  who  is  the  C-141  ASIP  Manager, 
for  assisting  me  in  putting  together  this  presentation. 
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The  C-141  is  the  most  heavily  used  aircraft  in  the  large  aircraft  inventory  of  the 
Air  Force  and  is  the  third  oldest  in  years.  With  a  service  life  goal  of  45,000 
hours,  by  the  time  it  achieved  36,000  hours  it  was  becoming  increasingly 
apparent  that  force  management  during  the  remaining  years  of  its  service  life 
was  going  to  be  a  challenge.  Over  the  last  five  (5)  years,  the  C-141  Engineering 
Branch  at  Warner  Robins  Air  Logistics  Center,  supported  by  the  C-141  Structural 
Integrity  Division  at  Lockheed  Martin,  have  gained  a  great  deal  of  experience  in 
managing  an  aircraft  that  has  exceeded  its  original  design  life.  There  have  been 
pitfalls  and  successes,  but  out  of  it  all  has  came  an  initiative  to  establish  an 
analytical  approach  to  managing  an  aging  aircraft.  We  call  it  the  Aging  Aircraft 
Management  Plan  (AAMP).  “ 
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The  Need 


An  individual  Aging  Aircraft  Management 
Plan  (AAMP)  that  forecasts  cost  effective 
maintenance  actions  during  the  remaining 
20%  of  the  aircraft’s  service  life,  and  at  the 
same  time,  assures  that  a  high  level  of 
confidence  in  operational  safety  is 
maintained  until  retirement. 


In  today’s  atmosphere  of  reduced  budgets  and  increased  world  tensions, 
performing  a  “Global  Reach”  policy  as  adapted  by  the  Air  Mobility  Command  is 
heavily  dependent  upon  aircraft  availability.  Available  aircraft  must  be  fully 
mission  capable,  safe  to  operate  and  ready  to  respond  when  called  upon.  This 
may  sound  good,  but  it  does  not  happen  without  timely,  proactive  maintenance, 
and  the  full  understanding  of  how  past  maintenance  actions  and  aircraft  usage 
affect  the  overall  structural  integrity  and  the  aircraft’s  operational  capability.  To 
ensure  that  these  goals  are  met  in  a  cost  effective  manner,  an  individual  Aging 
Aircraft  Management  Plan  is  imperative. 


Why  The  Need 

•  Force  Structural  Maintenance  Plan 
(FSMP)  of  the  “mature  years”  not 
sufficiently  adequate. 

•  Usage  and  user  requirernents  tend  to 
dictate  shorter  inspection/maintenance 
intervals,  but  the  opposite  occurs;. 

•  Database  required  for  rapid  analytical 
response  generally  not  readily  ayaiiable 
or  non-existent. 

•  Unscheduled  downtimes  that  could  be 
avoided- 


An  Aging  Aircraft  Management  Plan  can  provide  for  those  actions  that  are 
dictated  by  increased  usage,  increased  inspection  intervals,  lack  of  a 
comprehensive  historical  database  and  reduced  funding.  One  may  think  of  it  as 
an  extension  or  enhancement  of  the  Mil-Std-1530  Force  Structural  Maintenance 
Plan  (FSMP)  to  provide  guidance  in  inspections,  repairs  and  modifications  in  the 
latter  years  of  an  aircraft’s  service  life. 
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The  second  law  of  thermodynamics  (or  the  Law  of  Entropy)  states  that  although 
the  total  energy  of  a  system  is  always  the  same,  over  time,  more  and  more  of 
that  energy  becomes  less  available  for  useful  work.  This  is  equally  true  of  an 
aircraft.  If  we  have  learned  anything  in  our  past  experiences,  it  is  that  the  older  a 
thing  gets,  the  more  attention  it  requires  if  it  is  to  continue  a  useful  function.  With 
this  in  mind,  and  based  on  real  experience  with  the  C-141,  as  well  as  insight 
given  by  the  1994  Scientific  Advisory  Board  (SAB)  Summer  Study  on  Aging 
Aircraft,  we  have  selected  the  eighty  (80)  percent  of  service  life  point  as  the 
transition  from  a  day-to-day  FSMP  to  one  that  addresses  the  peculiarities  of 
aircraft  aging,  i.e.,  the  AAMP. 
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This  chart  is  given  to  pictorially  represent  what  has  already  been  said.  This  chart 
is  also  taken  from  the  1994  SAB  report  that  documents  the  findings  of  the 
Summer  Study  on  Aging  Aircraft. 
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analyses  that  results  in  recommended  Force 
(or  individual  aircraft)  Management  actions 
commensurate  with  aircraft  usage  and 
maintenance  experience,  both  past  and 
forecasted. 


Most,  if  not  all,  information  required  to  make  sound,  logical  decisions  regarding 
force  management  actions  resides  in  some  electronic  database.  The  inefficiency 
of  the  collation  of  this  data  for  a  specified  problem  rests  in  the  current  lack  of  an 
organized  (electronic)  approach  to  data  retrieval,  manipulation,  and  outputting  of 
logical  conclusions  and/or  recommendations. 


The  objective  of  the  AAMP  analysis  program  is  to  computerize  the  required 
assessments  and  analyses  through  use  of  some  form  of  “artificial  intelligence  or 
“neural  net\A/ork”  programming  that  will  give  the  user  a  systematic  approach  to 
addressing  real  or  potential  problem  areas.  _ 
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The  accuracy  and  reliability  of  the  AAMP  analysis  program  will  be  no  better  than 
the  input  data  that  drive  the  answers  to  the  variety  of  “logic"  questions  and 
actions  contained  in  the  AAMP.  The  more  comprehensive,  accessible, 
accurate,  and  reliable  the  historical  database  of  aircraft  usage  and  maintenance 
related  data  is,  the  higher  the  confidence  level  the  user  will  have  in  the  statistical 
and  probabilistic  analyses  results  as  they  relate  to  real  experience  and  practical 
application.  One  of  the  underlying  factors  of  the  recommended  actions  from  the 
AAMP  is  and  will  be  the  reliability  of  Non-Destructive  Inspections  (NDI). 
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Influencing  Factors 


•  Usage 

•  Maintenance 

•  Corrosion 

•  NDI  proficiency 

•  Material  properties 

•  Policy/procedure  changes 


.ti 


The  list  of  factors  shown  above  may  not  be  all,  but  they  are  the  most  prominent 
with  which  any  force  management  plan  must  contend.  This  is  nothing  new,  as 
these  factors  are  already  very  much  a  part  of  the  Force  Structural  Maintenance 
Plan  (FSMP).  However,  in  the  “aging”  years  of  the  weapon  system,  these  same 
influencing  factors  usually  become  more  pervasive  in  the  overall  force 
management  decision  process. 
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Solution-  “Geriatric  Geritol” 

(A  prescription  for  an  Aging  Aircraft  Management  Plan) 

•  Construct  a  logic  tree  for  systematic 
actions. 

•  Construct  a  database  to  support  the 
systematic  actions. 

•  Establish  statistical  &  probabilistic  analysis 
routines  consistent  with  existing  analysis  tools 
such  as  DTA  and  FEM. 

•  Computerize  the  logic  tree  “logic”  with 
interactive  capability  to  analysis  routines. 

( The  AAMP  analysis  program) 


Managing  an  aging  aircraft  in  the  latter  years  of  its  service  life  is  challenging  to 
say  the  least.  Seemingly,  the  day-to-day  modus  operand!  of  force  management 
intensifies  with  an  increasing  frequency  of  problems  that  threaten  aircraft 
availability.  This  presentation  has  set  the  tone  for  an  enhanced  means  of 
dealing  with  these  increasing  threats,  and  now  it’s  time  to  formulate  a  solution. 
Although  the  title  of  this  chart  is  humorous,  it  nonetheless  is  appropriate  for  aging 
aircraft  management.  As  stated  earlier  in  our  objective,  the  “geriatric” 
prescription  calls  for  a  computerized  process  having  interactive  capability  with 
established  analysis  routines.  In  other  words,  construct  an  AAMP  analysis 
program. 
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This  chart  is  shown  only  to  give  an  example  of  constructing  a  logic  tree  to 
address  problems  that  affect  structural  and  systems  integrity  (to  what  degree  yet 
to  be  determined).  The  key  is  to  construct  the  logic  tree  in  a  systematic 
approach  that  begins  with  a  rhetorical  question  and  proceeds  through  an  ever 
expanding  series  of  questions  and  actions  until  a  final  solution  is  achieved. 

The  next  four  (4)  charts  are  really  a  continuation  of  this  chart  to  give  an  idea  how 
an  analysis  program  might  address  the  prescribed  actions. 
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In  the  above  question,  the  user  may  use  his  or  her  engineering  judgment  for  the 
“yes”  or  “no”  answer.  However,  if  the  AAMP  analysis  program  is  to  be 
substantiated  by  the  accuracy  of  input  data,  then  it  is  appropriate  to  allow  the 
program  to  access  the  documented  records  to  determine  the  answer  based  on  a 
predefined  and  programmed  “routine”  interval. 
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Logic  Tree  Analysis 


AAMP  again  accesses  the  database  and 
calculates  the  number  of  positive  findings 
versus  the  total  inspections  to  answer  this 
question. 


Again,  the  AAMP  analysis  program  will  access  the  appropriate  database  and 
calculate  the  answer. 


When  the  AAMP  analysis  program  encounters  “insufficient”  data  to  continue  its 
calculations,  it  will  provide  a  recommendation  aimed  at  obtaining  the  needed 
information.  The  above  statement  is  a  sample  of  a  pre-programmed 
recommendation. 


Logic  Tree  Analysis 


/  Does  \ 

'  Inspection^ 
Have  >  10% 
s.  Hit  Rate  > 


Based  on  number  of  inspections  and  findings, 
AAMP  calculates  the  hit  rate  and  continues  its 
analysis  appropriately. 


This  is  an  example  analysis  continuation  based  on  results  of  a  recommendation 
that  was  implemented.  Calculating  the  appropriate  answer,  the  program  then 
continues  the  logic  progression  to  final  solution. 
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As  depicted  in  the  above  chart,  the  AAMP  analysis  program  will  have  interactive 
capability  with  required  source  data  as  well  as  specialized  analysis  routines.  For 
the  C-141,  it  is  envisioned  that  AAMP  will  be  another  analysis  tool  under  the 
umbrella  of  the  Automated  Readiness  Integrated  Engineering  System  (ARIES). 
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Although  the  AAMP  analysis  program  is  not  in  itself  an  Aging  Aircraft 
Management  Plan,  it  nonetheless  provides  a  methodology  needful  for  the 
formulation  of  such  a  plan.  As  the  weapon  system  ages,  averages  (in  terms  of 
usage  and  maintenance  actions)  tend  to  lose  their  meaning.  What  becomes 
important  is  those  things  that  affect  the  individual  aircraft.  Appropriate  utilization 
of  the  AAMP  analysis  program  will  significantly  aid  in  the  development  of  an 
individual  aircraft  timeline  of  proactive  events  that  minimize  aircraft  downtime 
and  maximize  aircraft  availability. 
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AAMP  Future  Plans 


•  Continue  development  throughout  1997. 

•  Have  a  working  model  by  end  of  1997. 

•  Setup  instructions  and  users  guide  by  mid 
1998. 

•  Export  technology  to  other  weapon  systems. 


That's  an  folks! 


The  AAMP  analysis  program  is  in  no  way  operational  at  this  time.  What  we  have 
attempted  to  do  with  this  presentation  is  bring  an  awareness  of  this  initiative  to 
the  audience.  We  think  it  will  be  a  very  beneficial  tool  for  the  ASIP  manager. 
We  will  continue  to  develop  this  concept  throughout  1997  with  a  goal  of  having  a 
working  model  by  the  end  of  the  year.  If  all  goes  well,  set  up  instructions  and  a 
user’s  guide  should  be  available  by  mid  1998.  It  is  the  intent  of  the  C-141  ASIP 
manager  to  make  the  AAMP  analysis  program  available  to  anyone  that  wishes  to 
incorporate  it  into  their  respective  force  management  plans. 
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3-5  December  1996 
San  Antonio,  TX 
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UNITED  TECHNOLOGIES  CORPORATION  (UTC) 
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PRATT  &WHITNEY  PRODUCTS 
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PW2000/F117  ENGINE  FAMILY 
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Preferred  customer  status  for  tne  UbAt-  (cosi/engme; 
Commercial  upgrades  automatically  included  In  C-17/F117 


Boeing  757  C-17  Globemaster  111 


F1 1 7-PW-1 00  (DO-3) 
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F117-PW-100  ENSIP 
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TAILORED  ENSIP  ASSESSMENT 
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OVERALL  PROGRAM  SCHEDULE 
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F117-PW-100  ENSIP 

PROGRAM  DELIVERABLES 
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F1 17-  PW-100  ENSiP 

DESIGN  CRITERIA 
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F117-  PW-100  ENSIP 

INSPECTION  INTERVAL 
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ASIP  and  the  Air  Force  Aging  Aircraft  Fleet 

Mr.  Richard  N.  Hadcock 
RNH  Associates,  Inc. 

6  Sue  Circle,  Huntington,  NY  1 1743-1979 

1996  USAF  Structural  Integrity  Program  Conference 
San  Antonio,  Texas,  December  3-5  1996 


Introduction 

This  paper  was  prep^ed  from  assessments  and  evaluations  of  the  USAF  aging 
aircraft  fleet,  which  were  undertaken  at  the  request  of  Mr.  Tobey  Cordell,  WL/MLLP, 
as  part  of  the  ML/WL  Aging  Systems  Specid  Emphasis  Area  between  March  1994 
and  November  1996. 


Note:  This  paper  has  been  prepared  under  US.  Air  Force  Contract  F33615-93- 
D-5326,  Delivery  Order  0001  “Engineering  Assessment  of  Aging  Systems”  to 
Universal  Technology  Corporation,  Dayton,  Ohio,  Subcontract  96-S401-01-36-C1  to 
RNH  Associates,  Inc.  Richard  N.  Hadcock  reports  to  Mr.  Tobey  M.  Cordell, 
WL/MLLP.  The  paper  way  cleared  for  public  release  by  ASC/PA  on  October  22, 
1996,  Reference  No.  ASC-96-2656. 

Analyses  of  aircraft  cost  and  price  data  included  in  this  paper  were  performed 
under  an  in-house  study  at  no  cost  to  the  contract. 

Conclusions  from  this  study  are  based  on  the  author ’s  personal  assessments. 
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Summary 

In  1995,  the  combined  USAF  Active-Duty,  Air  Force  Reserve,  and  the  Air 
National  Guard  aircraft  fleet  consisted  of  6,624  aircraft  with  an  average  age  of  17.5 
years. 

Of  the  total  of  44  different  types  of  aircraft  in  service,  the  sttucture  of  onfy  eight 
were  designed  to  the  Air  Force  durability  and  damage  tolerance  requirements 
introduced  in  1975.  Thirteen  other  types  were  designed  to  prior  USAF  requirements, 
and  the  three  types  of  helicopters  in  service  were  designed  to  tl.S.  Navy  or  U.S.  Army 
requirements. 

Of  the  other  20  types  in  the  fleet,  16  are  basically  civil  aircraft  which  were 
designed  and  certificated  to  FAA  requirements  prioir  to  the  introduction  of  the  1978 
Structure  Damage  Tolerance  and  Fatigue  Evaluation  requirements.  Two  types  are 
trainers  based  on  foreign  civil  aircraft  which  were  certificated  to  post- 1978  FAA 
requirements,  and  two  types  are  foreign  military  transports  Twenty-six  percent  of 
the  fleet  are  over  30  years  old,  and  many  are  scheduled  to  remain  in  service  for  an 
additional  20  to  30  years.  Since  many  of  these  aircraft  are  made  fi'om  aluminum  alloys 
which  suffer  from  corrosion  and  have  poor  fetigue  resistance  and 
fracture  toughness,  early  detection  and  repair  of  corrosion  and  fetigue  damage  is 
essential. 

It  would  take  almost  100  years  to  replace  the  existing  fleet  at  the  current  Air  Force 
budget  level  for  new  aircraft  procurement.  It  is  therefore  critical  to  maintain  the 
airworthiness  and  operational  capability  of  the  aging  aircraft  in  the  fleet. 

This  paper  includes  information  on  the  numbers  and  ages  of  the  aircraft  which 
made  up  the  fleet  as  well  as  some  estimates  of  replacement  costs  and  service  lives. 

AGING  AIRCRAFT  ASSESSMENTS 


Decisions  whether  or  not  to  repair  damage,  replace  con:qx)nents  or  retire 
individual  aging  aircraft  are  made  after  assessments  are  made  from  the  three  different 
considerations : 

•  Structural  Integrity; 

•  Operational  Capability 

•  Continuing  Life-Cycle  and/or  Aircraft  Replacement  Costs 
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The  USAF  Aircralt  Structural  Integrity  Program  (ASIP)  was  established  in  1958. 
The  process,  which  has  been  very  successful,  consists  ot  five  tasks  for  each  type  of 
aircraft  and  is  described  together  with  task  elements  by  Lincoln.  ' 

A  critical  component  of  the  process  is  detection  and  definition  of  the  extent  of  any 
fatigue  cracks,  particularly  multi-site  damage  (MSD)  or  widespread  fatigue  damage 
(WFD)  as  well  as  various  forms  of  surface,  stress  corrosion  cracking  (SCC)  and 
exfoliation  corrosion  without  disassembly  of  the  structure.  The  Air  Force 
Nondestructive  Inspection  program  and  the  relationship  of  nondestructive  inspection 
(NDI)  and  nondestructive  evaluation  (NDE)  to  Air  Force  aging  aircraft  is  described  by 
Cordell  Cordell  also  describes  the  capabilities  of  various  NDI/NDE  systems  to 
detect  cracks  and  corrosion. 

Operational  Capability 

Considerations  affecting  operational  capability  of  individual  aircraft  and  the  fleet 
include: 

•  Effects  of  flight,  payload  and  other  restrictions 

•  Effects  on  Mission  Capability  Rates 

•  Effects  of  field  and  Programmed  Depot  Maintenance  (PDM)  schedules  on  aircraft 
availability 

•  Effects  of  aircraft  retirements  on  overall  fleet  effectiveness 

Some  aircraft  may  be  taken  out  of  service  for  long  periods  of  time  if  out-of¬ 
production  replacement  components  or  parts  are  unavailable  and  have  to  be  fabricated, 
ordered  fi-om  vendors  or  cannibalized  fi-om  retired  aircraft. 


Life-Cycle  Costs 

Considerations  used  to  assess  aircraft  life  cycle  costs  include: 

•  Original  R&D  and  acquisition  costs 

•  Field  and  depot  maintenance  costs  including  NDI,  repair,  component  replacement, 
and  costs  of  equipment  and  training 

•  Costs  of  Engineering  Change  Proposals  (ECPs)  and  major  modifications 

•  Redesign  and  recertification,  including  selection  and  approval  of  new  or  substitute 
materials  and  processes 


•  Cost  of  extended  or  additional  struetural  tests 

•  Current  aireraft  value  and  replaeement  eosts 

Maintenance  costs,  including  the  costs  of  corrosion  and  crack  detection  using 
NDI/NDE  can  be  high,  particularly  if  disassembly  is  required.  Costs  of  new 
replacement  components  and  parts,  especially  out-of-production  forgings  and 
machined  parts,  can  be  very  high  and  delivery  times  can  be  many  months  or  even  years. 
Cannibalization  or  retrieving,  inspecting  and  certifying  old  parts  taken  from  aircraft  in 
storage  at  Davis-Monthan  AFB  is  expensive,  but  may  save  valuable  time.'* 

A  major  consideration  for  the  older  aircraft  is  the  effect  of  inflation  during  the  past 
20  to  40  years.  As  will  be  discussed  later,  inflation  factors  based  on  actual  aircraft 
costs  are  much  higher  for  military  aircraft  than  standard  rates;  The  flyaway  cost  of  the 
C-130A  was  only  $2  million  in  1957  whereas  the  cost  of  a  C-130H  is  $30  million  in 
1995.^’^ 

Aircraft  Costs  and  Prices 


Various  deflators  have  been  developed  for  military  aircraft  costs  and  commercial 
aircraft  prices.  These  include  cost  deflators  are  based  on  Federal  Price  Deflators  for 
Defense  Purchases,  the  Consumer  Price  Indices  (CPI)  for  urban  consumers,  Producer 
Price  Indices  (PPI),  as  well  as  the  deflators  for  Aircraft,  Standard  Industrial 
Classification  (SIC)  3721,  estimated  by  the  Aerospace  Industries  Association  (AIA) 
based  on  data  from  the  Bureau  of  Labor  Statistics,  Producer  Price  Indices,  Bureau  of 
Economic  Analysis,  and  the  Commerce  Department.  Between  1950  and  1995  all  these 
indices  are  of  the  same  order  as  the  CPI. 

The  average  weekly  wages  for  aircraft  production  worker  has  risen  from  $68  in 
1950  to  $770  in  1995.  ^  Aircraft  production  workers  weekly  wage  deflators  are  slightly 
lower  than  the  CPI  and  SIC  3721  deflaters. 

Inflators,  which  are  the  inverse  of  these  deflators,  have  been  used  to  convert  then- 
year  costs  and  prices  to  1995  dollars.  These  are  plotted  in  Figure  1. 

Actual  1966  and  1995  costs  of  Lockheed  C-130  military  transport  and  prices  of 
Boeing  737  airliners  are  listed  in  Figure  2.  Actual  inflation  factors  are  12  and  8.7 
respectively  when  costs  and  prices  are  normalized  to  dollars  per  pound  of  aircraft 
empty  weight  to  account  for  changes  in  operating  empty  weight  (OEW).  The 
comparable  1996-95  SIC  and  CPI  inflation  factors  are  very  much  lower  at  only  4.3 
and  4.7  respectively.  More  than  2,100  C-130s  and  2,500  Boeing  737s  had  been 
produced  by  1995  and  production  of  both  aircraft  will  probably  continue  well  into  the 
next  century. 
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Actual  fly-away  then-year  costs  and  constant  1995  costs  based  on  CPI  inflators 
for  the  C-130  are  shown  in  Figure  3.  The  constant  1995  dollars,  C-130  costs  increase 
by  140%  between  1955-59  and  1990-94,  whereas  they  should  remain  constant  or 
decrease  with  the  number  of  aireraft  produced  tfom  the  effects  of  learning  curves. 
During  the  1955-1995  time  Ifame  the  percentage  of  flyaway  cost  of  the  airifame 
remained  steady  at  70%  to  71%.  The  percentage  of  flyaway  eost  associated  with 
avionics  did  increase  fi'om  2.4%  for  the  C-130A  to  4.5%  for  the  C-130H  but  this  is 
insufficient  to  cause  the  140%  cost  increase. 

These  increases  above  general  inflation  have  most  been  caused  by  the  major 
reductions  in  the  numbers  of  military  aircraft  procured,  which  have  affected  many  of 
the  cost  elements  listed  in  Figure  4.  Other  factors  include  implementation  of  more  and 
more  stringent  government  specifications  and  contractual  and  EPA  regulations. 

Over  the  1950-95  time  period,  the  number  of  military  aircraft  produced  in  the  U.S. 
has  dropped  from  a  peak  of  8,978  in  1952  to  only  450  in  1995.^  Deliveries  ot  military 
aircraft  and  fixed-wing  commercial  aircraft  over  33,000  lb.  are  shovVn  in  Figure  5. 

Then-year  costs  of  military  and  prices  of  commercial  aircraft  are  converted  to 
1 995  costs  and  prices  using  the  curves  in  Figure  6.  The  upper  curve,  titled  “US  Military 
Aircraft”,  was  derived  from  analysis  of  the  annual  costs  of  1 06  different  types  of  USAF 
and  USN  aircraft  produced  between  1950  and  1995,  based  on  the  hypothesis  that  the 
flyaway  costs  (in  constant  1995  dollars)  of  specific  types  of  military  aircraft  should 
decrease  with  quantity,  or ,  at  worst,  remain  constant.  Some  of  these  aircraft  (F-15,  F- 
16,  F/A-18,  B-2,  C-17,  and  C-130)  were  still  in  production  in  1995,  providing  actual 
1 995  flyaway  costs.  The  curve  titled  “US  Commercial  Aircraft”  shown  in  Figure  6  was 
based  on  the  hypothesis  that  prices  (in  terms  of  dollars/pound  empty  weight)  of  specific 
types  of  commercial  aircraft  should  essentially  remain  constant  with  time,  other  than 
moderate  increases  caused  by  the  introduction  of  derivative  models.  The  database  for 
commercial  aircraft  Inflators  included  prices  of  16  different  turbojet  airliner  from  1958 
through  1995.  Aircraft  still  in  production  in  1995  include  the  Boeing  737,  747.  757, 
767  and  111  and  the  McDonnell  Douglas  MD-80  and  MD-1 1 . 

In  Figure  7,  the  curve  of  “US  Military  Aircraft”  cost  inflators  from  Figure  6  is 
compared  with  an  inflator  curve  based  on  the  CPI  multiplied  by  a  fimction  of  the  ratio 
of  the  number  of  military  aircraft  produced  then-year  to  the  number  of  military  aircraft 
produced  in  1995  (450  aircraft).  The  US  Military  Aircraft  Replacement  (MAR)  cost 
inflators  are  which  are  plotted  in  the  figure  were  obtained  using  the  equation: 

Then-year  Military  Aircraft  Replacement  cost  inflator  ~  CPI[Nm/450]°  * 

Where  CPI  =  Then-year  Consumer  Price  Index 

Nm  =  Total  then-year  U.S.  production  of  military  aircraft 


This  global  relationship  is  analogous  to  the  equations  derived  in  a  1972  Rand 
report  by  Levenson  and  others  for  cost  estimates  of  specific  aircraft  airtfames/ 

Between  1950  and  1970,  the  inflator  curve  smoothes  out  the  hills  and  valley  of  the 
curve  derived  Ifom  the  equation;  From  1970  to  1995  the  curves  are  very  similar.  This 
supports  the  hypothesis  that  the  total  number  of  aircraft  produced  annually  has  a  major 
influence  on  aircraft  cost. 

The  actual  fly-away  then-year  and  constant  1 995  costs  based  on  CPI  inflators  for 
the  C-130,  shown  in  Figure  3,  are  compared  with  1995  replacement  costs  based  on  the 
MAR  cost  inflators  in  Figure  8.  In  constant  1995  dollars,  the  C-130  costs  now 
decrease  between  1955  and  1974,  then  remain  reasonably  constant  through  1995. 

Then-year  and  1996  replacement  costs  of  some  types  which  were  in  service  in 
1995  are  listed  in  Figure  9. 


The  USAF  Aging  Aircraft  Fleet 

In  the  fall  of  1995,  the  combined  USAF  fleet  was  composed  of  6.624  aircraft, 
divided  as  follows:  ^ 


A&F 

B 

Aircraft  Type 
C/KCT  T 

Other 

Total 

Active-Duty  (AD) 

1898 

183 

1143 

1200 

267 

4691 

Air  National  Guard  (ANG) 

911 

11 

529 

2 

18 

1471 

Air  Force  Reserve  (AFRES) 

158 

9 

270 

0 

25 

462 

Total 

2967 

203 

1942 

1202 

310 

6624 

Percent 

44.8% 

3.1%  29.2% 

18.2% 

4.7% 

Attack  and  fighter  aircraft  included  the  A- 10,  F-4,  F-15,  F-16,  F-1 1 1,  EF-1 1 1  and 
F-1 17.  Transport,  tankers  and  communication  aircraft  included  C-130,  KC/C/RC-135, 
C-141B,  C-5A,  C-5B,  KC-10  and  C-17  aircraft  plus  various  commercial  aircraft 
conversions.  Bombers  included  B-52H,  B-IB  and  B-2A.  Most  of  the  1,202  trainers 
were  T-37s  and  T-38s.  The  remaining  310  aircraft  were  electronic  warfare  (E-3,  E-4, 
ete. )  and  surveillanee  airplanes  and  helicopters.  * 

The  numbers  and  ages  of  the  different  types  of  aircraft  in  USAF  service  are  listed 
in  the  annually  in  the  May  issues  of  Air  Foree  Magazine.* 

The  different  types  of  aircraft  in  the  fleet  may  be  divided  into  the  four  groups 
shown  in  Figure  10.  The  upper  left  group  consists  of  aircraft  designed  to  USAF 
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requirements  prior  to  1970  when  the  Air  Force  Aircrad  Structural  Integrity  Program, 
MlL-STD-1530,  were  first  implemented.  Many  of  the  aircrall  designed  prior  to  1960 
had  no  specilied  fatigue  life  requirements  (e.g.  B-52,  C-130,  KC-135,  F-4)  and  ciircrad 
designed  between  1960  and  1970  failed  to  meet  their  original  latigue  life  requirements 
(e.g.  C-5A).  The  lower  left  group  were  designed  to  the  requirements  of  the  Air  Force 
Aircraft  Structural  Integrity  Program.  " 

Aircraft  in  the  upper  right  hand  group  were  designed  to  fail  safe  structural 
requirements,  where  the  residual  strength  was  required  to  equal  80%  of  limit  load.  The 
lower  right  group  were  designed  to  the  structural  requirements  specified  in  1978  in 
Federal  Aviation  Regulations  Part  23  and  25  rule  FAR  23.571  and  25.571,  when 
Damage  Tolerance  and  Fatigue  Evaluation  of  the  Structure  was  adopted,  stating  that 
‘‘catastrophic  failure  due  to  fatigue,  corrosion,  or  accidental  damage  will  be  avoided 
during  the  operational  life  of  the  airplane”.  ' 

Since  more  than  half  of  the  1995  USAF  aircraft  fleet  were  designed  to  these 
earlier  requirements,  continued  application  of  the  ASIP  is  essential  to  structural 
integrity. 

The  numbers,  ages  and  estimated  replacement  costs  of  1585  aging  transport  and 
tanker  aircraft  designed  to  pre-1970  USAF  requirements  are  shown  in  Figure  11. 
These  include  the  C-130B  through  E,  C-130H,  KC-135,  C-141B  and  C-5A.  It  should 
be  noted  that  the  wings  of  the  entire  fleet  of  C-5As  were  replaced  with  redesigned 
wings  between  1980  and  1987.  The  redesign  included  conformance  to  the  post- 1970 
requirements  and  substitution  of  the  tougher  and  more  stress  corrosion-resistant,  but 
lower  strength  7075-T73511  for7075-T6  material. 

In  1994,  many  C-141B  wings  were  found  to  have  cracks  in  the  weep  holes  in  the 
lower  wing  plank  risers.  These  were  repaired  using  bonded  boron/epoxy  doublers.  ^ 
Flowever,  fatigue  life  is  running  out  and  C-141Bs  are  being  replaced  by  new  C-17s.  ''' 
Some  of  the  older  C-130Bs  will  also  be  replaced  by  new  C-130Js  during  the  next  few 
years. 

Some  of  the  aging  trainer  and  communication  aircraft  are  shown  in  Figure  12.  The 
T-37  and  T-38  were  designed  to  the  pre-1970  Air  Force  requirements:  The  T-39, 
T/CT-43  and  C-12  were  designed  to  pre-1978  FAR  civil  aircraft  structural 
requirements.  Not  shown  is  the  C-9,  the  military  version  of  the  DC-9.  The  Air  Force 
operates  23  and  their  average  age  is  25  years.  The  T-37s  will  be  replaced  by  the  Beech 
MK  2  Joint  Primary  Trainer  System  (JPATS)  aircraft  during  the  next  ten  years.  From 
2000-2006  425  T-38s  will  be  upgraded  to  extend  service  to  2020. 

Aging  bombers  and  miscellaneous  aircraft  are  shown  in  Figure  13.  These  include 
the  B-52H,  which  is  expected  to  remain  in  service  for  at  least  30  more  years;  the  E-3 
Advanced  Warning  and  Control  System  (AWACS),  which  has  a  modified  Boeing  707 
airifame;  the  U-2R ,  the  later  version  of  the  U-2  which  originally  flew  in  1955;  and  the 
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HH/UH-1  and  TCH/NCH-53  helicopters  originally  designed  for  the  Army  and  Navy 
respectively. 

The  older  fighter  and  attack  aircraft  designed  to  post- 1970  Air  Force  structural 
requirements  are  shown  in  Figure  14.  The  A- 10  was  originally  designed  for  an  8,000 
hour  life  and  this  was  extended  to  12,000  hours  because  the  flight  spectrum  was  less 
severe  than  expected.  This  is  expected  to  be  fiirther  extended.  In  1996.,  the  A-lOs 
average  was  4,800  hours,  so  the  A- 10  will  probably  remain  in  service  well  into  the  21st 
Century.  Many  of  the  older  F-15As  and  Bs  have  been  retired  from  service.  However 
the  F-15E  is  stiU  in  limited  production,  and  is  likely  to  remain  in  service  for  20  more 
years,  when  it  will  have  been  replaced  by  F-22s.  The  older  F-16As  and  Bs  have  also 
been  retired  or  lost.  F-16Cs  and  Ds  are  also  still  in  production  and  will  ultimately 
begin  to  be  replaced  by  the  Joint  Strike  Fighter  (JSF),  starting  about  2010. 

The  F-15  and  F-16  were  designed  for  a  fatigue  fife  of  4,000  hours.  This  relates  to 
10  to  15  years  A-D  plus  ANG  or  AFRES  service.  F-4E/G  and  RF-4Cs,  which 
incorporate  structural  modifications  for  a  4,000  hour  life,  were  finally  retired  from 
service  in  1995  after  26  years  without  any  structural  failures,  were  supported 
throughout  their  lives  by  the  ASIP.  The  lead  RF-4C  accumulated  7,300  hours. 

Graphs  showing  the  relationships  between  aircraft  age  and  the  percentage  of 
aircraft  remaining  in  service  are  plotted  in  Figure  15  for  the  F/RF-4,  F-15  and  F-16. 
The  curves  for  the  F-15A/B  and  the  F-16A/B  are  similar,  indicating  that  approximately 
one-third  of  the  fleet  have  been  retired,  transferred  or  lost  by  the  time  the  oldest  aircraft 
reaches  20  years  of  service.  The  curve  for  the  later  model  F-15C/D  and  the  F-15E 
indicates  that  about  90%  of  these  aircraft  will  still  be  in  service  at  the  20‘-year  mark. 
McDonnell  Douglas  advertised  a  27-year  structural  life  for  the  F-15E. 

Figure  16  shows  comparative  plots  for  the  A-7D,  which  was  retired  in  1993,  and 
the  A- 10.  The  plot  for  the  A- 10  shows  that  retirements  and  losses  has  leveled  oflF  with 
about  380  (53%)  of  the  original  fleet  of  713  still  in  service.  Plots  for  the  T-37  and  T-38 
are  also  shown  in  the  Figure.  The  425  T-38s  which  are  to  be  modified,  eonsist  of  36% 
of  the  original  production  of  1 189  aircraft  produced  by  Northrop  between  1959  and 
1 974.  By  2020,  when  the  T-38s  will  probably  be  retired,  the  oldest  T-38  will  be  55  to 
60  years  old. 

Sustainin£  Costs 


Costs  associated  with  maintaining  and  modifying  aging  aircraft  to  extend  their 
service  life  are  high.  The  cost  of  rewinging  the  C-5A  fleet  was  about  $10  million  per 
aircraft  between  1980-84,  or  about  $22  million  in  1995  dollars.^  The  cost  of 
reengining  KC-135s  with  F108  engines  cost  about  $16  million  per  aircraft  in  1990, 
programmed  depot  maintenance  (PDM)  for  the  KC-135  costs  about  $2  million  per 


aircraft  every  6  years.  The  annual  cost  of  corrosion  for  the  KC-135  was  $147,900  per 
aircraft  in  1990. 

Corrosion  is  the  major  contributor  to  the  sustaining  costs  of  aging  aircraft 
airifames.  The  Air  Force  has  initiated  a  program  to  solve  corrosion  problems  before 
there  are  any  catastrophic  failures.  The  program  includes  detection  of  hidden  corrosion 
using  advanced  NDI  equipment,  complete  aircraft  disassembly  for  corrosion 
documentation  and  mapping,  corrosion  data  collection,  and  structural  testing  and 
analysis  of  corroded  material.  ’’ 

Annual  corrosion  costs  for  USAF  aircraft  listed  in  References  15  and  16  are 
plotted  in  Figure  17  against  the  year  of  initial  operational  capability  (IOC)  of  the 
aircraft  type  .  The  data  has  been  normalized  to  1990  dollars  per  pound  operating  empty 
weight  using  weights  Ifom  Jane’s  All  the  World’s  Aircraft.  The  plots  show  that 
corrosion  costs  have  been  reduced  significantly  for  the  more  modem  aircraft, 
particularly  where  the  7000-T6  alloys  have  been  replaced  by  7000-T73  and  other  more 
corrosion-resistant  aluminum  alloys:  The  annual  corrosion  cost  in  1990  of  the  KC-135 
(1957  IOC)  was  $1 .55/lb  compared  with  $0.30/lb  for  the  C-5B  (1986  IOC). 


Fleet  Replacement  Costs 

The  total  cost  of  replacing  the  entire  current  fleet  of  6,624  aircraft  is  estimated^  at 
$298  billion  (in  1995  dollars).  Figure  18  shows  the  distribution  of  these  costs,  of  which 
44%  is  for  transports  and  tankers,  32%  for  fighter  and  attack  aircraft,  16.5%  is  for 
bombers,  and  2.5%  is  for  trainers.  Electronic  aircraft  and  helicopters  account  for  the 
remaining  5%. 

The  USAF  budget  associated  vvdth  procurement  of  new  aircraft  and  the  numbers 
of  aircraft  procured  annually  is  shown  in  Figure  19.  In  constant  1995  dollars,  the 
budget  is  about  $2.4  billion  for  Fiscal  Year  1997  and  total  procurement  is  only  32  new 
aircraft  (F-15s,  F-16s,  C-17s).  At  these  levels,  it  would  take  more  than  100  years  to 
replace  the  current  USAF  fleet  of  aircraft. 

Budget  levels  will  be  increased  significantly  as  the  F-22  and  Joint  Strike  Fighter 
(JSF)  goes  into  production  during  the  early  part  of  the  next  century.  Even  p,  budget 
restrictions  will  probably  dictate  that  the  life  of  many  of  the  existing  aircraft  in  the  fleet 
must  be  extended  well  into  the  middle  of  the  next  century.  The  replacement  value  of 
the  existing  fleet  is  considerable  and  far  outweighs  the  costs  qeeded  to  continue  to 
implement  ASIP  and  to  inspect,  repair  and  refurbish  existing  aging  aircraft. 

An  additional  constraint  to  prociu’ement  of  new  aircraft  types  is  the  12-to-15  year 
time  span  between  program  go-ahead  and  IOC. 


Conclusions 


The  value  of  the  existing  USAF  aircraft  fleet,  replacement  costs  and  budget  constraints 
will  keep  many  aging  aircraft  in  service  through  the  first  half  of  the  next  century 

•  Corrosion,  fetigue,  and  the  combined  effects  corrosion  and  fatigue  are  the  primary 
causes  of  aging  aircraft  structural  degradation 

•  Advanced  NDE/NDI  techniques  are  critical  to  identify  and  quantify  corrosion  and 
fatigue  damage  without  disassembly  of  the  structure 

•  ASIP  is  essential  to  the  continued  operational  capability  of  the  USAF  fleet. 
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Figure  1 .  Aircraft  Cost  and  Price  Inflators. 


TRANSPORT  AIRCRAFT  COSTS  &  PRICES 


Year 

Lockheed 

OEW.lb 

Cost,SM 

Boeing 

OEW,Ib 

Price,  SM 

1966 

C-130E 

72890 

S2.4 

737-200 

59235 

S33 

1995 

C-130H 

76469 

S30.0 

737-400 

73700 

S35.0 

S/lb  Inflation  Facton  1966-95  11.9  M 

Inflation  Factors,  1966  to  1995  Dollars: 

SIC  Factor  43 

CPI  Factor  4.7 

Production  Wages  5.7 

Figure  2.  C-130  Costs  and  Boeing  737  Prices 


C-130  COST  COMPARISONS 


C-130A/B  C-130E 


Figiu’eS.  C-130  Flyaway  Costs. 


COST  ELEMENTS: 

.  Manufacturing,  Tooling,  QC  and  Sustaining  Engineering  Labor  Hours  and  Rates 

•  Materiel:  Components,  Forgings,  Extrusions,  Hardware,  Material,  Vendors,  etc. 

•  GFE  including  Enginc(s),  Avionics  and  other  Subsystems  and  Parts 

.  Manufacturing,  Tooling  and  QC  (Including  NDE/I)  Facilities  and  Equipment 

•  Supporting  Operations  (Procurement,  Specifications,  Subcontracts,  etc.) 

•  Overheads  and  General  and  Administrative  (G&A)  Rates  and  Fee 

COST  FACTORS 

.  Production  History  (Learning  Curves),  Total  Production,  Annual  Production  Rates, 
Changes  and  Modifications,  Facility  and  Equipment  Utilization 

TOTAL  Mil  .ITARY  AIRCRAFT  ANNUAL  PROCUREMENT 


•  Affects  Materiel,  GFE,  Manufacturing  &  Facility  Costs,  Overhead  Rates,  etc. 


Figure  4.  Aircraft  Flyaway  Cost  Elements 
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AIRCRAFl’  COST  AND  PRICE  INFLATORS,  1995  DOLLARS 

U.S.  Military  Aircraft  Replacement  Cost  Inflator  =  CPIxl  N,„  MSO] 

N,„  =  Then-Year  U.S.  Militarj'  Aircraft  Production 


Figure  7.  Military  Aircraft  Cost  Inflator  Comparisons. 


C-130  COST  COMPARISONS 


Figure  8.  C-130  Flyaway  Costs. 


USAF  AIRCRAFT  FLYAWAY  COSTS 

Then- Year  and  1995  Dollars  Based  on  US  Military  Aircraft  Replacement  Inflators 

Aircraft 

Year 

Cost 

Cost 

Remarks 

$TY  millions 

$’95  millions 

A-lOA 

1978 

$5.3 

$21 

B-52H 

1957 

$9.3 

$186 

C-130E 

1963 

$2.06 

$32.0 

C-130H:  $30m,  ‘95 

C-5A 

1971 

$26.6 

$314 

C-5B 

1988 

$136 

$204 

C-5D:  $168m,  ‘94  est. 

F-4E 

1967 

$2.4 

$16.2 

F-15A 

1980 

$16.3 

$50 

F-15C:  $36/50m,  ‘91/2 

F-16A 

1982 

$8.6 

$25 

F-16C:  $23m,  ‘95 

T-37A 

1960 

$0.12 

$2.1 

JPATS:  $2.5m,  ‘96 

T-38A 

1965 

$0.75 

$8.3 

T-45A;  $18m,  ‘95 

Figure  9.  USAF  Aircraft  Flyaway  Costs. 


USAF  COMBINED  AIRCRAFT  FLEET,  1995. 
6624  AIRCRAFT.  AVEItAGE  AGE  17  YEARS 

STRUCTURAL  DESIGN  REQUIREMENTS 


USAF  AND  OTHER  MILITARY 
AIRCRAFT  REQUIREMENTS 


FAA  AND  OTHER  CIVIL  AIRCRAFT 
REQUIREMENTS 
(FAR  SECTION  23/25-571) 


Prc-197() 

3063  Aircraft:  27  years  old 

Prc-1978 

381  Aircraft:  13  years  old 

AC-130 

C-I30 

C-27 

SR-71 

C-9 

C-21 

C-26  E-8 

B-52H 

KC-135 

T-37 

UH-1 

KC-10 

C-22 

VC-137  E-9 

F/RF-4 

C-141 

T-38 

MH-53 

C-12 

C-23 

E-3  EC- 18 

F/EF-m 

C-5 

U-2 

C-20 

VC-25 

E-4  T-43 

Post-1970 

2962  Aircraft:  9  years  old 

Post-1978 

218  Aircraft:  1.3  years  old 

A-10 

F-15 

C-17 

T-1 

B-IB 

F-16 

HH-60 

T-3 

B-2 

F-117 

Figure  10.  USAF  Aircraft  Structural  Design  Requirements 


USAF  COMBINED  AIRCRAFT  FLEET,  SEPTEMBER  1995 
AGING  TRANSPORT  &  TANKER  AIRCRAFT 


Aircraft 

C-130B/E  C-130H 

KC-135R 

C-141B 

C-5A 

Deliveries 

No.  in  Service 

826 

403 

336 

261 

808 

603 

284 

242 

80 

76 

Ages 

23-40 

0-22 

31-38 

27-31 

20-25 

Replacement  Cost 
1995  Dollars 

S32m 

$32m 

$68m* 

S103m 

$292m 

*  Includes  re-engine  costs 


Figure  1 1 .  USAF  Aging  Transport  Aircaft. 


USAF  COMBINED  AIRCRAFT  FLEET,  SEPTEMBER  1995 
AGING  TRAINER  &  COMMUNUCATIONS  AIRCRAFT 


Aircraft 

T-37 

T-38 

T-39 

T/CT-43 

(B737) 

C-12 

(King  Air) 

Deliveries 

991 

1189 

149 

19 

48 

No.  in  Service 

461 

471 

3 

14 

48 

Ages 

25-38 

23-35 

30-35 

21-22 

12-20 

Replacement  Cost 

1995  Dollars 

S2.8m 

Slim 

S7.5m 

S29m 

S3.8m 

Figure  12  USAF  Aging  Trainer  and  Communication  Aircraft. 


USAF  COMBINED  AIRCRAFT  FLEET,  SEPTEMBER  1995 
AGING  BOMBER  &  MISCELLANEOUS  AIRCRAFT 


Arena  ft 

B-52H 

E-3 

(B707) 

U-2R 

HHAJH-1 

T/NCH-53 

Deliveries 

102 

33 

46 

No.  in  Service 

t 

94 

32 

36 

80 

47 

f, , 

Ages 

f 

32-35 

14-18 

6-28 

30-35 

21-22 

Replacement  Cost 
1995  Dollars 

S226m 

$180m 

S40m 

S3.5ni 

S27m 

■MiA^rc4.iT  *  Includes  avionics  upgrade,  mods,  etc. 


Figure  13.  USAF  Aging  Bomber,  Miscellaneous  and  Helicopter  Aircraft 


USAF  COMBINED  AIRCRAFT  FLEET,  SEPTEMBER  1995 
AGING  FIGHTER  &  ATTACK  AIRCRAFT 


Aircraft 

A-lOA 

F-15AB 

F-15C/D/E 

F-16A/B 

F-16C/D 

Deliveries 

713 

424 

679 

792 

1415 

No.  in  Service 

379 

92 

655 

276 

1272 

Ages 

11-18 

16-21 

1-16 

10-17 

1-11 

Replacement  Cost 
1995  Dollars 

$29m 

S40ni 

S40m 

S22m 

S22in 

Figure  14.  USAF  Aging  Fighter  and  Attack  Aircraft 


USAF  FIGHTICR  IIFTIKKMFNTS,  TRANSFERS  &  LOSSES 


Figure  15.  USAF  Fighter  Retirements,  Transfers  and  Losses 


Figure  16.  USAF  Attack  and  Trainer  Aircraft  Retirements  and  Losses 


USAF  AIRCRAFT  CORROSION  COSTS 


ANNUAL  COSTS,  1990  DOLLARS  PER  POUND  OPERATING  EMPTY  WEIGHT 


$/LB  OEW 

Aircrafl  costs  from  1990  Systems  Exploration,  Inc.  reports  for  Air  Force  Corrosion  Office 


Figure  17.  USAF  Aircraft  Corrosion  Costs  (1990) 


Figure  18.  USAF  Fleet:  Replacement  Aircraft  Flyaway  Costs. 


BUDGET.  SMILLIONS  and  NUMBER  OF  A/C 


USAK  NKW  AIKCUAl'r  I'ROCURliMI'.N  1 
I’ROCURRMENT  BUDGKT  {S^)5  DOLLARS)  AND  NUMBKRS  OI^'  AlRCRAf-T 


Figure  19.  US AF  New  Aircraft  Procurement:  1972-1995 
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LIFE  ENHANCEMENT 

Chairman:  C.  Harris,  NASA/LRC 
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TYPICAL  TITANIUM 

COMPRESSOR 

BLADE 


TITANIUM 

AIRFOIL 

SAMPLE 


Stress  Intensity  Factor  Analysis 
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LOADING  CONDITIONS 
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Initiation  Results  -  Notched 
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-  Initiation 
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da/dN  (in/cyc) 
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SPECTRUM  DATA 


O  LSP,  84  ksi 
□  LSP,  88  ksi 


T - 1 - 1  Mill  I . 

in 


AK(ksi  Vin) 
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4-* 


AFB7A1  TOFC-scan  (depth  to  largest  echo),  ,  Scan  covers  only  flat  blade.arca.  .  Darker  shading  indicates  decreasing  thickness 
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Conclusions 
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Cincinnati,  Ohio 
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-  LSP  Vs.  Shot  Peening 
Engine  Test  Results 
Summary 
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Process  for  Airfoil  Applications 


PRE-AMPURER 


LSP  CONCEPT 
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Residual  stresses  are  generated  by  traveling  shock  waves  created  by  rapidly 
expanding  vapors  due  to  absorption  of  high  energy,  »  20  nanosecond  laser  pulses. 
Paint  protects  surface  and  water  directs  shock  waves  into  the  material. 
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Advantages  of  LSP 
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DEPTH  BELOW  SURFACE  -  mils 
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xperience 


0.25”  Deep  Side  Shear  Damage  With  Chisei 
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Flexural  Blade  Specimen  Torsional  Blade  Specimen 


HCF  TEST  METHODS 
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Blade  Number  Blade  Number 
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Residual  Stress  Distribution 
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INSTANCE  FROM  SURFACE  (M) 
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TORSIONAL  HCF  TEST  OF  NOTCHED  LSP’D  BLADE 
Stairstep  Test  Starting  @  lOOksida  - 10^  Cycles 
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TORSIONAL  HCF  TEST  OF  LSP’D  BLADE  WITH  NOTCH 
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TYPICAL  LSP  FAN  BLADE  HCF  TEST  RESULTS 
(Torsional  Mode  with  1/4”  side  shear  damage) 
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Bdsclinc  Lsscr  Shock  Pccncd  Blfldcs 


TORSIONAL  TEST  OF  LSP’D  BLADE  WITH  NOTCH 

Staircase  test  - 1 0r  cycles 
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including  damage 


TITANIUM  FAN  BLADE 
1st  Flex-  Damaged  edge- 10^  HCF  Testing 
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-  RUNOUT  Stresses  measured  from  gage  located  adjacent  to  edge  damage 

-  FAILURE  (monitored  by  tip  deflection) 


LSP  Vs.  SHOT 


230 


Baseline 
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Engine  Test  of  Notched  Blades 

Engine  test  was  done  at  Arnold  Engineering  Development 
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(TCHED  BLADE  FOR  ENGINE  TEST 
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Summary 

Laser  Shock  Peening  is  a  Proven  Method  to 
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wide  implications  that  are  just  beginning  to  be  explored 
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ABSTRACT 

An  evaluation  was  conducted  to  determine  the  cause  and  long-term  effect  of  cracks  or  shear  "tears" 
found  at  fastener  holes  in  the  lower  outboard  wing  stringers  of  the  KC-135  NASA  Zero  'G'  Aircraft.  The 
tears  were  found  during  a  recent  teardown  inspection  conducted  by  the  Boeing  Defense  and  Space 
Group.  The  tears  appeared  to  be  associated  with  cold  expansion  performed  on  the  holes  during  the 
implementation  of  ECP  484  that  began  in  1986.  The  investigation  focused  on  the  cold  expansion  process 
and  its  interaction  with  the  7178-T6  extrusion.  A  number  of  potential  causes  for  the  tears  were 
examined  including  discrepant  tooling,  improper  cold  expansion  procedure  and  the  mechanical  and 
fracture  toughness  properties  of  the  stringer.  Because  the  tears  appeared  in  a  large  percentage  of  the 
holes,  a  fatigue  test  was  conducted  to  determine  the  effect  of  the  tears  on  the  remaining  fatigue  life  of  the 
KC-135  outboard  wing. 


INTRODUCTION 

In  the  ECP-484  Life  Extension  Modification  of  the  C/KC-135,  a  number  of  fastener  holes  in  the  outboard 
wing  lower  surface  were  Spht  Sleeve  Cold  Expanded  to  Size  (Cx2stm).  The  Cx2s  process  was  targeted  to 
improve  the  life  of  the  7178-T6  skin  panels.  The  rework  effort  began  in  the  summer  of  1986  at  Tinker 
AFB  and  continued  for  several  years.  Prior  to  the  implementation  of  the  ECP,  Boeing  Military  Airplane 
Company  (BMAC)  conducted  crack  growth  testing  of  Cx2s  holes  in  7178-T6  plate  load-transfer  type 
dogbone  specimens.  The  results  of  these  tests  showed  that  pre-flawed  Cx2s  holes  exhibited  a  cyclic  test 
life  five  to  ten  times  longer  than  pre-flawed,  non<old  expanded  holes  [1].  Only  the  skin  material  (plate) 
was  tested.  The  stringer  (extrusion)  was  not  tested  even  though  it  received  cold  expansion  in  the 
modification.  This  is  one  important  observation  that  will  be  discussed  later. 


Figure  1 

Representative  Stringers  from  KC-135  Teardown 


During  a  recent  teardown  inspection  of  the  NASA  Zero 
'G'  Airplane  Left  Hand  Outboard  Wing  Lower  Surface, 
cracks  or  tears  were  found  extending  from  cold 
expanded  holes  in  the  lower  wing  skin  stringers  [2], 
Holes  with  tears  are  circled  in  the  Figure  1. 

Of  the  600  Cx2s  holes  inspected,  155  had  shear  tears. 
Some  tears  had  actually  broken  through  the  ligament  on 
a  few  of  the  larger  (5/16  inch)  short  edge  margin  holes. 
All  of  the  tears  appeared  to  originate  from  a  comer  of 
the  ridge  left  in  the  hole  after  Cx2s,  i.e.,  the  location 
corresponding  to  the  split  in  the  sleeve  -  see  Figure  2. 
The  tears  were  found  only  in  the  7178-T6  extmsion 
stringers,  and  not  in  the  wing  skin  (7178-T6  plate). 


To  determine  the  cause  of  the  KC-135  stringer  tears,  FTI 
examined  the  tooling  setup,  sleeve  orientation  and 
appHed  expansion  as  well  as  the  mechanical  properties 
of  the  material.  Finite  Element  Analysis  (FEA)  was  used  to  determine  the  local  stress  at  the  split  during 
cold  expansion.  A  brief  analysis  of  the  fracture  toughness  and  the  ability  Of  the  material  to  withstand  a 
shear  displacement  was  also  performed.  Finally,  a  fatigue  test  was  run  to  see  what  effect  the  shear  tears 
have  on  the  long-term  fatigue  performance  of  the  wing  stmcfure. 


Figure  2 

Typical  Teardown  Shear  Tear 
in  KC-135  Stringer 


Cx2s  PROCESS  OVERVIEW 

The  Split  Sleeve  Cold  Expansion  to  Size™  (Cx2s)  process  is  accomplished  by  pulling  a  tapered  mandrel, 
pre-fitted  with  a  lubricated  split  sleeve  through  a  hole,  as  shown  in  Figure  3.  The  function  of  the 
disposable  split  sleeve  is  to  reduce  mandrel  pull  force,  ensure  adequate  radial  expansion  of  the  hole, 
preclude  damage  to  the  hole  and  allow  one-sided  processing.  The  process  causes  a  radial  plastic  flow  of 
material  and  produces  an  annular  zone  of  residual  compressive  stress.  This  residual  compressive  stress 
created  by  cold  expansion  significantly  increases  fatigue  and  crack  growth  lives  by  reducing  the  stress 
concentration  produced  at  the  hole  by  in-service  loads.  The  magnitude  of  the  residual  compressive 
stress  zone  is  approximately  equal  to  the  compressive  yield  strength  of  the  parent  material.  A  balancing 
zone  of  tensile  stress  occurs  adjacent  to  the  circumferential  compressive  stress.  This  tensile  stress  is 
t3q)ically  10  to  15%  of  the  tensile  yield  strength. 
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Figure  3 

Cold  Expansion  to  Size  Tooling 
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The  Cx2s  process  is  designed  so  that  the  resulting  cold  expanded  hole  is  sized  to  meet  final  hole 
requirements,  thus  eliminating  the  final  ream  process.  This  feature  of  the  Cx2s  process  can  provide  a 
significant  savings  in  labor  time  and  cost  when  a  large  number  of  holes  are  being  cold  expanded.  It  also 
produces  a  consistent  close  tolerance  hole;  typicaUy  within  0.001  inch,  not  counting  the  dimension  of  the 
ridge.  For  applications  in  aluminum,  the  ridge  is  “flattened"  during  the  fastener  insertion. 


SHEAR  DISCONTINUITIES  (TEARS) 

Cold  expansion  has  been  known  to  cause  a  small  shear  discontinuity  at  the  surface  of  the  hole  associated 
with  the  split  in  the  sleeve  as  shown  in  Figure  4.  In  some  7000  series  aluminum  alloys,  a  small  tear  has 
been  evident  on  the  surface,  but  generally  not  to  the  magnitude  witnessed  in  these  KC-135  stringers. 

Northrop  evaluated  shear  discontinuities  or  tears  in 
7050  aluminum  in  a  report  published  in  1982,  [3].  The 
report  showed  that  even  with  the  presence  of  shear 
tears,  life  improvement  was  significant;  three  to  eight 
Surface  times  that  of  a  non-cold  expanded  hole.  None  of  the 
Upset  specimen  failures  in  the  Northrop  test  were  associated 
with  the  shear  tears  as  the  crack  actually  initiated  and 
propagated  away  from  the  tear(s).  The  tears  observed 
in  the  test  were  typically  less  than  0.030  inch  long  and 
less  than  0.008  inch  deep;  mainly  a  surface 
phenomenon. 

Figure  4  pjl  conducted  an  extensive  investigation  of  shear  tears 

Schematic  of  Shear  Discontinuity  cracking  associated  with  the  hole  cold  expansion  in 

7050-T651  forged  sections  when  the  phenomenon  was 
reported  by  a  large  aircraft  manufacturer.  In  this  case,  the  holes  were  drUled  normal  to  the  short 
transverse  grain  direction.  The  problem  only  occurred  in  holes  greater  than  3/8"  diameter  with  the 
sleeve  split  orientation  at  45  degrees  to  the  grain  direction  (L-45-S).  The  cold  expansion  process  is 
tailored  to  produce  between  3%  and  4%  applied  expansion  to  the  hole.  The  S-L  grain  direction  of  some 
aluminum  alloy  products  (particularly  forgings)  have  low  elongation  percentage,  less  than  3%  to  5% 
strain  to  failure,  and  low  fracture  toughness.  This  was  clearly  identified  in  the  investigated  problems 
when  S-T  grain  direction  percentage  elongation  in  some  samples  were  found  to  be  less  than  2%, 
highlighting  a  material  property  deficiency.  The  problem  was  corrected  by  controlling  sleeve  gap 
orientation  and  in  some  cases  reducing  the  applied  expansion  level  for  larger  diameter  holes. 

Cold  expansion  damage  in  these  materials  is  probably  caused  by  their  inability  to  deform  to  the 
standard  applied  expansion  levels  without  cracking.  This  occurs  most  frequently  at  the  sleeve  gap,  due 
to  the  shear  discontinuities  acting  as  a  stress  concentration. 

The  Northrop  and  other  reports  about  shear  tears  concluded  that  the  tears  were  a  harmless  but 
annoying  effect  of  the  process,  especially  in  7000  series  aluminum  alloys.  To  eliminate  concerns  about 
the  tears,  users  were  directed  to  orient  the  spHt  in  the  sleeve  in  line  with  the  prevailing  load  path  of  the 
structure.  By  doing  this,  it  was  hoped  that  the  ridge  would  not  be  a  factor  in  the  fatigue  or  crack  growth 
life  of  the  structure  as  cracks  typically  form  normal  to  the  load  path.  Ironically,  it  was  this  positioning  of 
the  sleeves  that  helped  lead  to  the  cracks  observed  in  the  teardown  aircraft. 
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SHEAR  TEAR  VISUAL  EXAMINATION  AND  COLD  EXPANSION  TRIALS 


A  visual  and  dimensional  examination  of  the  holes  with  the  shear  tears  was  performed  on  a  removed 
stringer  section.  The  holes  showed  evidence  of  cold  expansion  and  displayed  the  shear  tears  much  like 
the  ones  shown  in  Figure  5. 


Figure  5 

Shear  Tears  -  Sleeve  Ridge 
Parallel  to  Extrusion 
Direction  and  Loading 

that  no  tearing  occurred  if  the  split  was 
Figure  6. 


New  holes  were  drilled  into  the  upper  flange  of  the  stringer 
sample  and  cold  expanded  with  KB2  100-2111  tooling  (as 
specified  in  ECP  484).  Shear  tears  were  evident  on  the 
newly  cold  expanded  holes,  but  not  to  the  degree  (less  than 
0.030  inch)  found  in  holes  in  the  teardown  aircraft.  Several 
attempts  to  induce  larger  tears  including  pre-loading  the 
flange  by  poorly  supporting  the  sleeve  and  other  methods, 
were  tried  but  were  unsuccessful.  The  "poor  support" 
simulated  a  gap  between  the  stringer  and  skin  that  may 
have  existed  at  the  time  of  hole  cold  expansion.  It  was 
thought  that  unsupported  material  conditions  during  Cx2s 
may  have  caused  the  crack.  After  a  niunber  of  attempts,  it 
appeared  that  the  KB2  100-2111  tooling  could  only  induce 
small  tears. 

It  was  first  thought  that  the  large  tears  may  have  been  the 
result  of  in-service  loading  or  stress  corrosion  and  that  the 
hole  "relieved"  itself  by  extending  the  small  shear  tear. 
This  hypothesis  was  subsequently  dismissed  when  it  was 
fotmd  that  large  tears  were  generated  on  the  fatigue 
specimens  being  prepared  for  test.  It  is  interesting  to  note 
oriented  in  the  transverse  direction  of  the  plate  -  shown  in 


This  orientation  was  previously  thought  to  be  the  worst  position 
when  maximizing  fatigue  life  improvement.  The  ECP  484 
instructions  specified  that  the  sleeve  split  was  to  be  placed  in  the 
longitudinal  direction  (0  and  180  degrees),  i.e.,  parallel  to  the 
spanwise  load  direction.  It  turns  out  that  this  orientation  and  the  45 
degree  orientation  are  the  worst  for  producing  shear  tears.  The  total 
absence  of  tears  in  the  90  degree  orientation  was  a  striking  contrast 
to  the  others.  Obviously,  conventional  wisdom  will  need  to  be 
reevaluated. 

Examination  of  the  bore  of  the  original  holes  on  the  stringer  revealed 
that  the  fasteners  were  not  installed  into  the  holes  with  interference 
as  specified.  The  fully  formed  ridge  in  the  hole  was  practically 
undisturbed  by  the  fastener.  This  was  surprising  considering  that 
the  subject  Cx2s  tooling  was  supposed  to  provide  a  hole  giving 
0.001  to  0.0035  inch  interference  with  the  fastener.  A  measurement 
of  the  holes  showed  that  the  hole  diameter,  after  fastener  removal, 
was  up  to  0.006  inch  (.316  inch  maximum  diameter)  larger  than 
what  would  have  been  expected.  The  hole  size  could  not  be 
explained  by  the  diameter  of  the  instaOed  fastener  as  it  was 
nominally  0.312  inch.  Typically,  holes  cold  expanded  in  7178-T6  at 


Figure  6 

No  Shear  Tears  -  Sleeve 
Ridge  90°  to  Extrusion  Grain 
Direction  and  Loading 
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FTI  using  the  KB2  100-2111  tooling  resulted  in  0.311  inch  final  hole,  0.001  inch  over  the  targeted  final 
hole  of  0.3100  inch  +0.0000,  -0.0015. 

Before,  or  just  after,  the  ECP  484  rework  started,  FTI  noticed  that  the  sleeve  originally  supplied  for  the 
KB2  100-2111  tooling  were  0.010  inch  thick  when  they  should  have  been  0.0080  inch  thick.  This 
discrepancy  would  result  in  a  hole  applied  expansion  range  of  5.2  to  6.2%  instead  of  the  normal  3.9  to 
4.9%.  Approximately  11,000  sleeves  were  swapped  out  by  FTI  personnel  between  May  13  and  15, 1986. 
Hie  larger  thickness  sleeve  would  go  a  long  way  toward  solving  the  "large  hole"  mystery.  However, 
attempts  to  dupUcate  the  large  crack  and  large  hole  phenomenon  with  a  discrepant  fiiicker  sleeve  were 
unsuccessful.  The  tear  was  about  the  same  for  the  correct  sleeve  thickness,  and  the  final  hole  diameters 
were  not  as  large  as  those  encountered  in  the  stringer  sample.  At  the  time  of  this  report,  the  large  cold 
expanded  hole  diameter  cannot  be  explained. 


MECHANICAL  TESTING 

Mechanical  testing  was  done  to  determine  if  the  material  properties  were  below  specification  and, 
therefore,  responsible  for  the  shear  tears.  This  had  been  the  case  in  other  instances  where  large  tears 
occurred.  Testing  was  performed  on  an  actual  stringer  piece  in  both  the  L  and  L-T  grain  directions.  The 
test  was  conducted  using  ASTM  E8  as  a  guideline.  Tensile  specimens  were  machined  from  the  stiffener 
web  instead  of  the  flange.  The  flange  had  holes  in  it  and  was  unsuitable  for  testing.  It  was  thought  that 
the  flange  and  web  would  have  similar  properties.  For  the  L  specimens,  the  tensile  properties  met  the 
BDM-4091  specification  for  7178-T6  extrusion;  F^=  99  ksi,  F^=  92  ksi,  elongation  =  12.3%  and  modulus 
10,300  ksi.  The  L-T  specimens,  because  of  their  small  size,  were  tough  to  grip  and  consequently  did  not 
mke  data  coUectLon  easy.  An  offset  in  the  LVDT  setup  negated  an  accurate  modulus  calculation,  but 
the  remainder  of  the  data  looked  good  except  the  F^  was  a  bit  low;  F„=  92  ksi,  F^=  65  ksi,  elongation  = 
5.5%.  One  of  the  specimens  turned  in  an  elongation  of  4.85%.  When  compared  to  the  normal  applied 
expansion  maximum  of  4.9%,  it  is  clear  that  the  Cx  appUed  expansion  is  near  the  threshold  of  this 
material  in  this  grain  direction. 


FINITE  ELEMENT  ANALYSIS 

Finite  element  analysis  of  the  expansion  has  been  completed  for  a  linaited  two  dimensional  model.  The 
results  are  somewhat  inconclusive  as  they  do  not  show  the  progression  of  the  high  strains  through  the 
thickness  of  the  part.  A  three  dimensional  full  contact  model  wiU  be  analyzed  by  FTI  in  1997.  The 
model  will  show  the  stresses  generated  by  the  mandrel  as  it  passes  through  the  part.  Important 
elements  such  as  contact  surfaces  and  the  effects  of  friction  will  be  used.  It  is  anticipated  that  this  model 
wUl  be  refined  such  that  it  wiU  predict  the  shear  tears  in  any  material. 


FRACTURE  ANALYSIS 

Fracture  analysis  was  performed  to  determine  if  the  tears  were  caused  by  exceeding  the  fracture 
toughness.  Both  small  and  large  shear  tears  have  been  observed  at  the  area  of  shear  discontinuity  in  the 
hole  produced  by  the  cold  expansion  process.  For  one  hole  examined,  the  relative  sliding  displacement 
between  upper  and  lower  crack  sinface  at  the  tip  of  the  shear  discontinuity  was  about  4.16  x  lO'"  inch. 
The  measurement  was  taken  from  displaced  surface  scratches  in  a  photo  taken  from  a  microscopic 
examination.  If  one  assumes  this  value  of  the  surface  displacement  to  be  an  approximation  of  the  crack- 
tip  sliding  displacement,  the  applied  local  stress  intensity  factor  K„  during  cold  expansion  process  can  be 


estimated.  If  the  estimated  K„  is  larger  than  the  critical  value  of  this  material,  fracture  will  take  place. 
Holes  with  shear  tears  were  sectioned  to  expose  the  tear  area.  The  surface  was  examined  using  SEM  to 
look  for  shear  dimples;  indicative  of  a  shear  failure.  Evidence  of  dimples  was  not  present  in  this 
specimen  because  of  possible  rubbing  of  the  adjacent  tear  faces. 

To  reduce  the  possibility  of  rubbing,  another  specimen  was  cold  expanded  while  it  was  held  at  a  small 
tensile  load.  Once  the  tear  initiated  it  broke  through  the  remainder  of  the  specimen  by  applying  a  load 
sufficient  to  puU  it  apart.  Subsequent  SEM  observations  revealed  the  presence  of  very  fine  dimples  as 
shown  in  Figure  7.  The  actual  mode  of  failure  is  quite  complex,  and  further  work  is  needed  to 
determine  the  dominate  mode,  if  indeed  there  Ls  one. 


For  smaU  scale  yielding,  the  crack  tip  sliding 
displacement  (CTSD)  is  related  to  the  applied  K., 
by  the  following  relationship: 

1(2 

CTSD= 

E  Ty 


or  Kij  =  ^CTSDE'-Ty 

where  E'  =  E  for  plane  stress,  and  E'  =-^  for 
plane  strain;  xy  =  shear  yield  stress.  For  7178- 
T6,  Xy  »40/fcsi ,  E'  =  10.3x  lO^fa; ,  then 


Figure  7 

SEM  Photograph  of  Shear  Tear  12,000X 


K„  =  74.16x10'^  •103x10^-40  =  4 \Aksi4in  . 


From  the  "Damage  Tolerant  Design  Handbook,"  the  critical  fracture  toughness  of  7178-T6  sheet 
(thickness  =  0.12  inch)  in  Mode  I  is: 


L-T:  Kc  =  50  A  ksi-JJn  , 

T-L:  Kc  =  38.8  ksi-Jin  . 

It  is  suggested  that  the  critical  fracture  toughness  in  ModeTI  can  be  approximated  by  80%  of  the  value  in 
Mode  I.  Therefore,  one  can  obtain  the  critical  Mode  II  fracture  toughness  as: 

L-T:  K,,,-  =  40.3  fa/V/n  , 

T-L:  =  31.0  ksi'Jin  . 

The  value  of  K,,  during  the  Cx  process  is  estimated  at  41.4  for  a  split  oriented  along  L-direction, 

which  is  much  larger  than  the  critical  value  31.0  ksi^i .  This  may  explain  the  cracking  problem 
observed  during  the  cold  expansion  of  this  material.  In  the  same  manner,  the  tears  are  not  likely  to 
occur  when  the  sleeve  is  oriented  toward  the  ligament  as  the  estimated  for  cold  expansion  is  roughly 
equal  to  It  appears,  just  like  for  the  ductility  of  the  material,  that  there  is  a  problem  of  exceeding  the 
threshold  of  a  mechanical  property. 

To  minimize  the  chance  of  cracking  at  the  shear  discontinuity  for  future  applications,  reducing  the 
applied  expansion  may  be  a  viable  consideration. 
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FATIGUE  TESTING 

Specimens 

Web  sections  of  several  sectioxis  of  scrapped  7178- 
T6  extrusion  were  used  to  manufacture  19  zero  load 
transfer  dogbone  specimens  shown  in  Figure  8. 
The  specimen  design  has  an  edge  margin  (e/D)  of 
about  1.23.  This  edge  margin  was  selected  as  it 
represented  the  minimum  edge  margins  of  the 
holes  in  the  stringers.  The  specimen's  overall 
length  dimension  was  in  the  direction,  of  the 
material  extrusion.  The  configurations  were:  1) 
baseline,  non<old  expanded  (NCx)  with  a 
0.3085/0.3100  inch  hole,  2)  Cold  Expanded  to  Size 
(Cx2s)  with  the  sleeve  ridge  oriented  0°  to  the  load 
path,  and  3)  cold  expanded  with  the  sleeve  ridge 
Oriented  90°  to  the  load  path.  Five  repetitions  of 
each  configuration  and  four  blank  spares  were 
manufactured.  One  specimen  spare  was  used  for  a 
non<old  expanded  specimen. 


Figure  8  Tpst  Plan 

Fatigue  Specimen  Design  ,  ^  . 

The  spedmeits  were  Cold  expanded  usmg 

KB2  100-2111-0  tooling  where  required.  Post  cold 
expansion  measurements  were  made,  and  tear  lengths  were  determined  using  a  digital  traveling 
microscope.  The  sleeve  ridge  location  was  photographed  on  both  sides  of  each  cold  expanded 
specimen. 

Testing  was  initially  conducted  at  20  ksi  net  section  stress,  R-ratio  +0.05  and  13  Hz,  but  the  stress  level 
was  increased  to  25  ksi  when  one  non-cold  expanded  specimen  ran  to  over  750,000  cycles  without  a 
failure.  Later,  the  frequency  was  reduced  to  lOHz  to  reduce  the  occurrences  of  frame  shutdowns  du^g 
overpeak  and  imderpeak  trips.  Specimens  were  generally  run  to  about  600,000  cycles  or  two-piece 
failure. 


TEST  RESULTS  AND  DISCUSSION 

The  largest  maximum  tear  length  occurred  on  the  mandrel  entry  side  of  the  specimen;  0.143  inch.  The 
average  tear  on  the  mandrel  entry  side  was  0.075  inch.  Tear  lengths  on  the  mandrel  exit  side  averaged 
about  0.080  inch;  not  noticeably  different  than  the  entry  side.  Tears  in  0  degree  specimens  were  re¬ 
measured  after  having  approximately  600>000  cycles  applied.  None  of  the  tears  showed  any  measurable 
growth.  Additionally,  no  fatigue  cracks  were  identified  at  the  specimen  hole  or  at  the  free  edge  away 
from  the  tear  location.  One  of  these  specimens  failed  at  just  over  1,350,000  cycles. 


J 
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Cycles 


Maximum  fatigue  life  fo  date 
Minimum  cycles  wilti  no  failure 
3  Minimum  cycles  to  failure 
•  Specimen  data  points 
A  No  failure 


Non 

Cold  Work 


Split  In  Line 
with  Load 


Split  90° 
to  Load 


Figure  9 

Fatigue  Test  Results 

The  fatigue  data  are  shown  graphicaUy  in  Figure  9.  There  was  a  considerable  amount  of  scatter  in  the 
non<old  expanded  specimens.  Two  specimens  failed  at  less  than  100,000  cycles,  whde  a^d  specmen 
ran  to  600,000  cycles^  without  failure.  Since  one  of  the  non<old  expanded  (NCx)  and  severa^  C;^s 
specimens  were  tested  without  failure,  it  was  not  possible  to  calculate  a  '  true  average  fatigue  life  for 
any  of  the  specimen  groups.  Therefore,  the  technique  of  comparing  specmen  minimi^  failure  hves 
was  used.  In  general,  the  Cx2s  process  improved  the  lives  of  the  specimens  by  a  factor  of  nme. 

For  those  specimens  with  the  sleeve  oriented  at  0“  to  the  load  path  (specified  by  ECP  484), 
approximately  20:1  Hfe  improvement  has  been  demonstrated. 


CONCLUSIONS  AND  RECOMMENDATIONS 

From  the  observations,  cold  expansion  trials,  mechanical  testing,  finite  element  and  fracture  analysis,  the 

following  conclusions  can  be  made  about  the  nature  and  cause  of  the  shear  tears. 

.  The  shear  tears  witnessed  on  the  stringer  are  induced  at  the  moment  of  cold  expansion  and  are  not  a 
result  of  in-service  loads  or  stress  corrosion. 

•  Both  small  and  large  tears  are  produced  by  the  Cx2s  tooling  at  normal  applied  expansion  levels. 

•  Tears  occur  most  frequently  when  the  sleeve  is  oriented  in  the  longitudinal  grain  direction  and  are 
almost  non-existent  when  oriented  in  the  transverse  direction,  i.e.,  next  to  the  ligament  or  web. 

•  Cracks  occur  because  the  expansion  process  is  near  or  exceeds  the  limit  of  the  values  of  elongation 
and  for  this  material. 

•  The  extensive  overload  generated  by  the  cold  expansion  process  produced  such  intense  yielding  at 
the  tear  end  that  stresses  from  the  fatigue  loading  were  not  sufficient  to  promote  significant  growth 
of  the  tear  in  fatigue  in  a  reasonably  large  number  of  cycles,  i.e.,  600,000. 
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The  long-term  effect  of  the  shear  tears,  both  small  and  large,  can  be  predicted  from  the  results  of  the 

open  hole  fatigue  testing.  The  following  is  a  summary  of  observations  from  testing; 

•  There  were  no  failures  in  any  of  the  specimens  cold  expanded  90°  to  the  load  path.  One  specimen 
was  tested  to  over  1  million  cycles  without  evidence  of  crackmg.  The  minimum  life  improvement  is 
projected  to  be  substantially  greater  than  9;1. 

•  Although  tears  as  long  as  0.123  inch  were  present  in  the  0°  specimens,  the  fatigue  life  improvement 
for  that  group  was  at  least  20;  1  using  baseline  minimum  life  of  failed  specimens.  No  degradation  of 
fatigue  life  was  observed  for  any  cold  expanded  specimen. 

•  Only  one  Cx  specimen  failed  from  a  fatigue  crack  extending  from  the  initial  tear.  The  other  Cx 
specimen  failure  was  at  the  hole  edge,  oriented  180°/90°  to  the  load  path  away  from  the  tears. 

•  The  fatigue  life  improvement  provided  by  the  Split  Sleeve  Cold  Expansion  process  typically 
increases  as  stress  level  decreases.  The  typical  stress  level  encountered  in  the  C/KC-135  lower  wing 
outboard  stringers  is  on  the  order  of  12  ksi  while  the  testing  was  nm  at  25  ksi.  Therefore,  greater  life 
improvement  can  be  expected  from  the  in-service  components. 

•  After  approximately  600,000  cycles,  none  of  the  tears  had  any  measurable  growth  in  the  0°  sleeve 
ridge  orientation  specimens,  nor  were  fatigue  cracks  found  to  have  initiated  at  the  hole  edge  or 
specimen  free  edge. 

Other  general  comments  can  be  made  from  the  study  of  this  problem. 

•  Users  must  ensure  that  the  split  sleeve  cold  expansion  process  is  safe  for  all  elements  of  a  stackup. 
On  the  KC-135  Program,  only  the  skin  material  was  tested.  The  extrusion  not  being  the  focus  of  the 
life  improvement  was  not  examined,  but  termed  out  to  be  the  largest  problem. 

•  Cold  expairsion  is  a  robust  process  that  is  relatively  rmaffected  by  large  initial  cracks  includes  tears 
created  in  this  application. 
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Comparison  with  the  experimental  data  obtained  by  Denny'  has  been  carried  out  to 
determine  the  ability  of  the  finite  element  alternating  method  in  predicting  the  fatigue 
response  of  a  cracked  metal  panel  with  a  partially  debonded  composite  patch.  There  is  a 
total  of  15  different  specimens  considered  in  this  comparison.  Some  of  the  parameters 
that  are  varied  in  these  specimens  include  the  disbond  location,  the  disbond  area,  the 
initial  crack  length,  the  maximum  stress  loading  and  the  stress  ratio.  For  all  these 
specimens,  it  has  been  found  that  the  numerical  results  correlate  very  well  with  the 
experimental  data,  when  the  adhesive  nonlinearity  is  properly  accounted  for  in  the 
analysis.  In  addition  to  this  comparison  with  the  experimental  data,  numerical  studies 
have  been  carried  out  to  examine  the  effect  of  the  thermal  cycling  on  the  fatigue  response 
of  a  bonded  repair.  It  was  found  that  due  to  the  strong  difference  in  the  thermal 
expansion  coefficient  of  the  boron/epoxy  patch  and  the  aluminum  panel,  the  fatigue  life 
of  a  specimen  which  undergoes  cycles  of  high-stress-at-low-temperature  and  low-stress- 
at-high-temperature  loading  is  dramatically  reduced.  It  was  also  found  that  the  fatigue 
life  of  a  specimen  which  undergoes  a  thermal-fatigue  cycle  is  more  sensitive  to  disbonds 
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in  the  adhesive  layer  than  a  similar  specimen  which  undergoes  fatigue  loading  at  a 
constant  temperature.  In  addition  to  this  study,  numerical  analysis  has  been  carried  out  to 
study  the  interaction  between  two  nearby  composite  patches.  The  study  Found  very  little 
interactions  between  the  two  patches  when  these  two  patches  lie  horizontal  to  each  other. 
On  the  other  hand,  when  the  two  patches  lie  vertical  to  each  other,  the  fatigue  life  of  this 
specimen  can  increase  substantially  when  these  two  patches  tire  very  close  to  each  other: 
however  this  may  lead  to  failure  of  the  metal  in  between  the  patches,  but  this  is  not 
considered  in  the  present  study. 


Introduction 

Due  to  the  high  replacement  costs  and  the  shrinking  budgets  for  aircraft  acquisitions, 
many  of  the  airplanes  in  the  commercial  as  well  as  the  military  fleet  are  used  beyond  their 
ori'^inal  design  lives.  As  a  result,  these  aircraft  undergo  high  cycles  of  repeated 
pressurization  and  loading,  which  in  turn  cause  more  fatigue  cracks  to  be  found 
emanating  from  local  stress  concentrations  in  the  structure.  Hence,  to  reduce  the  high 
cost  of  replacement  for  fatigue  damages  as  well  as  possible  accidental  damages,  the 
application  of  minor  repairs  using  mechanical  doublers  or  composite  patches  becomes  an 
increasingly  important  option  in  the  aerospace  industry.  While  many  of  the  repairs  on  an 
aircraft  structure  are  still  performed  using  mechanical  doublers,  various  airlines  as  well  as 
military  facilities  have  begun  experimenting  with  repairs  using  bonded  composite  patches 
(Jones  and  Callinan-).  Repair  using  the  mechanical  doubler  requires  the  cracked  portion 
to  be  cutout  and  replaced  with  an  undamaged  sheet.  In  contiast.  bonded  lepaiis  ollei  a 
wide  range  of  advantages  such  as  ease  ot  application  with  no  damage  to  the  underlying 


250 


structure.  In  addition,  bonded  repairs  using  laminated  composites  offer  high  stiffness  to 
weight  ratio  and  such  repairs  can  be  readily  formed  into  various  complex  shapes  of 
different  aircraft  components.  Nonetheless,  some  of  the  critical  issues  associated  with  the 
use  of  bonded  repairs  are  still  not  fully  resolved.  These  issues  include  the  ability  to 
predict  the  fatigue  growth  of  cracks  in  bonded  repairs  as  well  as  the  effect  of  disbond  on 
the  effectiveness  of  the  bonded  repairs. 

In  general,  the  analysis  of  fatigue  crack  growth  for  composite  repairs  can  be 
broadly  categorized  as  either  analytical  or  numerical.  Based  on  the  elastic  inclusion 
analogy,  Rose^  has  obtained  the  solution  for  strip  type  patches  by  using  a  successive 
approximation  method  to  deduce  the  asymptotic  behavior  of  the  modeled  Fredholm 
integral  equation.  Rose‘s  further  extended  this  method  to  obtain  an  approximate  solution 
for  a  crack  inside  an  elliptical  patch.  The  solution  for  the  elliptical  patch  is  further 
extended  by  Fredell'’  to  include  the  effect  of  temperature.  While  the  solution  for  Rose’s 
model  is  simple  and  easy  to  implement,  these  solutions  have  strong  limitations.  Some  of 
the  limitations  of  the  Rose’s  model  include  the  assumptions  that. 

•  the  patch  has  to  be  either  an  infinite  strip  type  or  an  elliptical  shape  type, 

•  the  material  behavior  for  the  adhesive  layer  is  linear  elastic, 

•  the  load  transfer  length  must  be  significantly  smaller  than  the  patch  size,  i.e.  the 
adhesive  must  be  relatively  stiff,  or  the  size  of  the  patch  must  be  significantly  large, 

•  the  bonding  of  the  patch  is  perfect  without  disbonds,  and 

•  the  size  of  crack  is  small  compared  to  the  size  of  the  patch. 

All  of  the.se  assumptions  limit  the  ability  of  the  Rose  s  model  to  adequately  analyze  the 
effectiveness  of  most  composite  patches  in  reducing  the  fatigue  crack  growth.  Therefore 


to  overcome  these  limitations,  numerical  methods  have  been  employed  in  analyzing  the 
effectiveness  of  repairs  using  composite  patches.  Jones  and  Callinan".  Mitchell  et  al. 
and  Chu  and  Ko’  have  used  the  finite  element  method  to  study  bonded  patch  repairs. 
Tarn  and  Shek^  have  combined  the  boundary  element  method  (for  the  plates)  and  finite 
element  method  (for  the  patch)  to  estimate  the  stress  intensity  factors.  Park,  Ogiso  and 
Atluri*^  have  applied  the  integral  equation  approach  in  conjunction  with  the  Schwartz- 
Neumann  alternating  method  to  calculate  the  stress  intensity  factors.  In  extending  this 
work,  the  approach  of  the  finite  element  alternating  method  was  applied  by  Nagaswamy. 
Pipkins  and  Atluri"*  to  model  a  rectangular  composite  patch  on  a  curved  fu.selage  panel 
where  the  stress  distributions  due  to  curvature  as  well  as  the  presence  of  stiffeners  are 
accounted  for.  While  these  studies  provide  the  methods  to  analyze  a  composite  patch 
with  perfect  bonding,  there  have  been  few  studies  which  concentrate  on  the  verification 
of  numerical  analysis  against  experimental  results  especially  when  delaminations  exist  on 
bonded  repairs. 

Roderick"  have  examined  the  cyclic  growth  of  a  crack  inside  an  elliptical  disbond 
of  a  composite  patch.  Baker'"  has  studied  experimentally  the  effectiveness  of  composite 
repairs  with  disbond  that  occur  during  manufacturing.  Denny'  has  experimentally 
invest! sated  the  fatigue  life  of  composite  patch  with  intentional  disbond  of  various 
locations  and  size.  This  experiment  also  studies  the  effect  of  initial  crack  length, 
maximum  applied  fatigue  stress  and  stress  ratio.  In  this  paper,  analyses  are  performed 
using  the  finite  element  alternating  method  (TEAM)  to  study  the  fatigue  life  of  partially 
bonded  patches  under  different  loading  conditions.  The.se  numerical  results  are  compared 
with  the  experimental  data  obtained  by  Denny'  to  determine  the  ability  of  FEAM  in 


predicting  the  fatigue  life  of  partially  bonded  patches.  Since  debonds  in  bonded  repairs 
are  found  frequently  and  the  replacement  of  defective  patches  remains  very  difficult,  the 
ability  to  predict  the  fatigue  characteristic  of  partially  bonded  patches,  and  hence 
determining  the  safety  of  the  repaired  structure  would  be  an  extremely  important  issue  to 
be  resolved  before  bonded  repairs  can  be  used  widely  in  the  aerospace  industry.  In 
addition  to  the  comparison  with  the  experimental  results,  this  paper  also  evaluates  the 
effects  of  (i)  temperature  cycles,  (ii)  initial  stresses  due  to  the  curing  of  the  patch,  and  (iii) 
adhesive  nonlinearity,  on  the  fatigue  characteristics  of  partially  bonded  patches. 
Furthermore,  the  interaction  of  two  composite  patches  on  fatigue  life  is  also  studied. 

Finite  Element  Alternating  Method 

Through  a  series  of  papers  written  by  Nishioka  and  Atluri'^;  Atluri  and  Nishioka  ; 
Rajiyah  and  Atluri'^  Park  and  Atluri'^,  and  Wang  and  Atluri‘\  the  alternating  method 
has  been  established  as  an  effective  method  in  calculating  the  stress  intensity  factors  for  2 
and  3-dimensional  linear  elastic  fracture  mechanics.  The  cost-effectiveness  of  this 
method  is  achieved  by  combining  the  numerical  methods  such  as  boundary  element 
method  or  finite  element  method  with  the  analytical  solutions  of  multiple  collinear 
cracks.  Since  the  analytical  solutions  for  the  cracks  are  incorporated  directly  into  the 
alternating  method,  the  cracks  do  not  need  to  be  meshed  in  the  finite  element  model. 
Hence,  very  fine  mesh  which  is  typically  required  for  linear  elastic  fracture  mechanics 
would  not  be  required.  For  this  reason,  the  computational  time  as  well  as  the  time  needed 
to  prepare  the  finite  element  mesh  are  substantially  reduced. 


In  the  Schwartz-Neumann  alternating  method,  two  solutions  are  required: 

Solution  1 :  A  general  analytical  solution  for  an  embedded  crack  in  an 
infinite  domain  subjected  to  arbitrary  crack  surface  traction. 

Solution  2;  A  numerical  scheme  ( the  finite  element  method  in  this  paper)  to  solve 
for  the  stresses  in  an  uncracked  finite  body. 

••18* 

The  general  solution  for  an  embedded  crack  is  given  by  Muskhelishvili  m  terms 
of  complex  potential  functions.  To  apply  this  solution  to  the  alternating  method,  Park 
and  Atluri'®  used  a  set  of  Delta  functions  to  represent  the  crack  surface  traction  in  order  to 
analytically  solve  for  the  Cauchy  integral  required  for  the  complex  potential  functions. 
To  improve  on  the  accuracy,  Park'^  used  a  set  of  approximate  piecewise  constant 
functions.  In  this  paper,  the  crack  surface  traction  is  represented  by  a  set  of  approximate 
linear  basis  functions  developed  by  Wang  and  Atluri*^.  The  stress  intensity  factors  of  the 
crack  tips  can  then  be  directly  calculated  from  the  coefficients  of  the  linear  basis 
functions. 

The  finite  element  solution  involves  the  analysis  of  the  uncracked  finite  domain  in 
order  to  calculate  the  stresses  at  the  location  of  the  actual  cracks.  Since  the  surface  of 
each  crack  is  traction  free  in  the  actual  problem,  these  stresses  are  removed  by  applying 
the  reverse  stresses,  and  the  analytical  solution  is  then  used  to  compute  the  K-factors 
corresponding  to  these  reversed  tractions.  As  explained  below,  this  procedure  will  have 
to  be  repeated  several  times  until  convergence  of  the  solution  is  achieved.  The  detailed 
steps  involved  in  the  finite  element  alternating  method  for  an  embedded  crack  in  a  finite 
body  now  follow  with  Steps  2  to  6  representing  the  iterative  loop. 


1.  Solve  the  uncracked  finite  body  under  the  prescribed  tractions  and  displacements 
using  the  finite  element  method.  This  finite  body  has  the  same  geometry  as  the 
original  problem  except  the  crack  is  ignored. 

2.  Using  the  finite  element  solution,  a  fit  based  on  linear  piecewise  functions  is  made  for 
the  residual  stresses  at  the  crack  surface  location. 

3.  The  residual  stresses  obtained  in  the  previous  step  are  reversed  to  create  a  traction 

free  crack  faces  as  in  the  given  problem. 

4.  Using  the  reversed  linear  piecewise  tractions,  the  analytical  solution  to  the  infinite 
body  problem  is  solved. 

5.  The  stress  intensity  factors  for  the  current  iteration  are  calculated  using  the  above 
linear  piecewise  solution.  If  the  magnitude  of  the  stress  intensity  factors  is  less  than  a 
prescribed  tolerance,  then  it  is  assumed  that  convergence  has  been  achieved  and  the 
analysis  is  completed. 

6.  The  tractions  and  displacements  on  the  finite  body  are  calculated.  To  satisfy  the 
prescribed  traction  and  displacement  boundary  conditions,  the  residual  tractions  and 
displacements  on  the  external  boundary  are  reversed.  Using  the  reversed  loading,  the 
procedure  would  return  to  Step  2. 

In  practice,  it  has  been  found  that  this  iterative  procedure  converges  in  less  than  5 
iterations  in  most  cases.  The  overall  stress  intensity  factors  of  the  original  problem  are 
obtained  by  summing  the  stress  intensity  factors  for  all  iterations.  Note  that  the  finite 
element  method  is  used  only  to  obtain  a  solution  for  the  uncracked  problem;  hence  the 
finite  element  alternating  method  is  very  efficient  from  the  computational  point  of  view 
particularly  for  fatigue  growth  analysis.  This  is  because  the  finite  element  stiffness 
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matrix  is  decomposed  only  once  and  the  decomposed  matrix  can  be  used  repeatedly  for 
all  iterations  as  well  as  different  crack  lengths. 


Implementation  of  Composite  Patch  Analysis 

The  composite  patch  analysis  presented  in  this  paper  is  tp  demonstrate  the  ability  of  the 
finite  element  alternating  method  in  predicting  the  fatigue  response  of  a  cracked  panel 
with  partially  bonded  composite  patch.  For  the  present  study,  numerical  analysis  has 
been  carried  out  to  model  the  experiment  performed  by  Denny’  on  partially  bonded 
composite  repairs.  In  his  experiment,  the  patch  (made  of  three  plies  of  unidirectional 
boron/epoxy  laminate)  is  bonded  to  a  2024-T3  aluminum  panel  with  AF- 163-2  film 
adhesive.  The  dimensions  of  the  geometry  for  the  composite  patch  and  aluminum  panel 
are  given  in  Figure  1.  The  material  properties  of  the  boron/epoxy  laminate,  aluminum 
panel  and  adhesive  layer  are  given  in  Table  1.  In  the  current  analysis,  the  patch  and  the 
panel  are  modeled  with  8-noded  isoparametric  plane  stress  elements.  The  adhesive  film 
is  modeled  with  isoparametric  16-noded  adhesive  elements  developed  by  Chu  and  Ko  . 
The  adhesive  element  is  based  on  a  linear  adhesive  relationship  between  the  shear  stress 
and  the  difference  of  displacements  between  the  patch  and  the  panel: 


^  ~  ^ A  DHE  patch  ^ panel ) 


where 
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Here  a  is  the  crack  length,  N  is  the  number  loading  cycles,  AK  is  the  range  of  the 
equivalent  stress  intensity  factor,  and  R  is  the  stress  ratio  in  the  cyclic  loading.  For 

2024-T3  aluminum  alloy,  the  values  of  =91  MNm -(83,000  psiVin), 
C=6.3xl0--'Pa'H3xl0‘'’psr-)and  n  =  3  are  used  as  given  in  Forman  et  al.-  In 

general,  a  fatigue  calculation  involves  the  calculation  of  the  number  of  cycles  for  a  crack 
to  grow  to  a  specified  length.  Using  a  simple  linear  integration  scheme  to  solve  for  the 
Eqn.  3,  the  fatigue  life  cycle  of  the  crack  is  subdivided  into  a  number  of  interval  steps 
based  on  the  finite  element  mesh.  The  total  number  of  cycles  is  obtained  by  summing  the 
values  from  each  step. 

To  account  for  the  temperature  effect  during  the  curing  process,  two  analyses  are 
required  for  each  interval  step  of  the  fatigue  crack  growth  analysis;  one  for  the  load 
applied  at  and  the  other  is  for  the  load  applied  at  (T^-  In  the  numencal  model,  it  is 

assumed  that  the  cure  would  fully  solidify  at  *121  °C  and  the  specimen  would  undergo 
fatigue  cycling  between  at  Ti  temperature  and  at  T2  temperature.  Due  to  the 

difference  in  the  coefficient  of  thermal  expansion,  ,  between  the  boron/epoxy  patch 
and  the  aluminum  panel,  residual  stresses  would  be  induced  on  the  repaired  area  when  the 
temperature  of  the  specimen  differ  from  the  cure  temperature.  And  these  residual  stresses, 
which^^dependent  upon  the  temperature  of  the  specimen,  would  be  superimposed  with 
the  mechanical  loading  applied  on  the  specimen.  Hence,  in  this  numerical  model,  both 
the  mechanical  loading  as  well  as  the  loading  induced  by  thermal  cycling  are  accounted 
for  in  the  fatigue  crack  growth  analysis.  It  is  to  be  noted  here  that  even  if  the  specimens 
were  to  undergo  toigue  cycling  at  a  constant  temperature  where  7, =7.  (which  is  the  case 
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in  the  comparison  aiTalysts  with  the  experiment  performed  by  Denny'),  the  drop  in 
temperature  after  the  curing  process  must  be  accounted  for  to  properly  model  the  fatigue 
crack  growth  of  the  specimens.  Though  iJC  is  not  effected  by  the  temperature  drop  after 
the  curing  process  (because  the  fatigue  cycle  is  at  a  constant  temperature),  the  ratio  of 
stress  intensity  factor,  would  be  affected  by  this  temperature  drop. 

Because  of  the  boron/epoxy  patch  has  a  much  smaller  a.than  the  aluminum  panel,  the 
patch  contracts  much  less  than  the  panel  when  the  temperature  drops.  The  residual 
stresses  generated  would  cause  the  crack  surface  to  open  resulting  a  higher  stress  intensity 
factor  and  hence  a  higher  stress  ratio  R.  This  higher  stress  ratio,  R.  would  cause  a  faster 
crack  growth  in  the  Forman’s  crack  growth  equation  (Eqn.  3). 


Results 


Comparison  of  Numerical  Result  with  Experimental  Data 

This  study  involves  the  analyses  of  four  different  intentional  disbond  configurations  as 
shown  in  Figure  3:  (i)  a  completely  bonded  patch  (CBP);  (ii)  crack  tip  disbonds  (CTD)  at 
both  ends  of  the  crack;  (iii)  a  center  disbond  (CD)  over  the  crack  length;  and  (iv)  a  full 
width  disbond  (FWD)  extending  the  full  width  of  the  patch  and  covering  the  crack.  In 
some  of  the  configurations  listed  above,  disbond  areas  of  20%,  10%,  and  5%  of  the  total 
bond  area  of  the  patch  were  investigated.  These  specimens  would  undergo  fatigue 

cycling  at  room  temperature,  20  °C. 
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In  the  first  configuration,  there  is  rib  disbond  on  the  patch  fepriir.  As  has  been 
determined  from  the  Denny’s  experiitierit,  the  fatigue  life  of  a  perfectly  patched  specirrieri 
is  about  ten  times  longer  than  the  unpatched  specimen  as  shown  in  Figure  4.  However, 
using  the  material  data  provided  in  Denny*,  it  was  found  that  the  predicted  fatigue  life 
differs  considerably  from  the  experiment  data  for  Speciinen  20.  In  the  numerical  model 
of  the  completely  bonded  patch  (CPB),  the  predicted  fatigue  crack  growth  is  notably 
slower  than  the  experimental  result,  approximately  by  a  factor  of  five  (shown  m  Figure  4 
as  linear  model  I).  Since  the  material  data  for  the  boron/epoxy  laminate  and  the 
aluminum  panel  are  considered  to  be  quite  reliable,  it  would  be  easy  to  conclude  that 
either  the  adhesive  model  or  the  material  data  for  the  adhesive  film  is  not  accurate.  By 
simple  trial  and  error,  it  was  found  that  by  reducing  the  shear  stiffness,  ,  of  the 

adhesive  layer,  the  predicted  fatigue  growth  curve  would  correspond  very  well  to  the 
experimental  result  as  shown  in  Figure  4  as  linear  model  H.  In  this  model,  the  adhesive 
stiffness,  =  0.2 x  10*' Pa/m(0.73x  lO' psi/ in),  is  an  order  of  magnitude  less  than 

the  adhesive  stiffness  calculated  from  the  material  data, 
a:, OWE  =  2.9  X 10'-  Pa/  m(l0.6  x  10^  psi/  in) .  The  reason  for  the  difference  in  the  adhesive 

stiffness  between  these  two  models  can  be  partly  attributed  to  the  fact  that  the  shear 
modulus  of  a  soft  adhesive  tends  to  be  strongly  nonlinear.  In  most  cases,  the  shear 
modulus  directly  obtained  from  experiments  is  valid  only  for  very  small  shear  strain. 
However,  the  adhesive  layer  on  the  composite  patch  may  undergo  a  much  higher  shear 
strain  and  hence  has  a  much  lower  shear  modulus  as  shown  in  Figure  5.  Nonetheless,  a 
simple  linear  approximation  (to  the  slope  of  the  nonlinear  stress-strain  level  at  the  current 


average  operating  stress  level  in  the  adhesive)  seems  to  be  sufficient  in  predicting  the 
fatigue  response  of  a  bonded  repair. 

Unlike  the  Rose’s  model  which  is  only  valid  when  the  crack  is  well  within  the 
size  of  the  patch,  the  numerical  model  based  on  the  finite  element  alternating  method  was 
able  to  predict  the  fatigue  response  when  the  crack  grows  within  the  size  of  the  patch  as 
well  as  when  the  crack  grows  outside  of  the  patch.  Figure  6  plots  the  stress  intensity 
factor,  ,  as  a  function  of  the  crack  length  calculated  (i)  based  on  the  finite  element 
alternating  method  (FEAM)  and  (ii)  based  on  the  Rose’s  model.  In  this  figure,  both 
models  are  based  on  the  same  adhesive  stiffness,  (material  model  El).  As  shown  in 

Figure  6,  when  the  crack  size  is  small  relative  to  the  patch,  the  difference  between  these 
two  models  is  about  10%.  However,  as  the  crack  grows  longer,  the  difference  between 
these  two  models  increases  substantially,  especially  when  the  crack  tip  grows  beyond  the 
boundary  of  the  patch.  The  difference  between  these  two  models  is  magnified  even 
greater  on  the  fatigue  curve  plotted  in  Figure  7.  It  is  to  be  noted  here  that  one  of  the 
assumptions  in  Rose’s  model'^  as  is  the  characteristic  load-transfer  length,  A ,  is  not 
satisfied  in  this  analysis.  To  obtain  the  asymptotic  behavior  of  a  crack  under  a  composite 
patch.  Rose  had  to  assume  that  the  load-transfer  length  has  to  be  significantly  smaller 
than  the  size  of  patch: 


^ PMch^ patch  ^ pallet^ panel 

A=  - -  - - :: - 


^iulhe  ^ paich^ porch ^ panel^ panel 


«  h„ . . 


where  E  is  the  elastic  modulus  and  is  the  height  of  the  composite  patch. 

As  described  in  the  earlier  section,  the  curing  process  of  the  composite  patch  on 


the  aluminum  panel  has  been  modeled.  Due  to  the  incompatibility  of  the  coefficient  of 
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thermal  expansion  between  the'  boroh/epoxy  patch  and  the  ^aiumiriuhi  panel/  residual 
stresses  would  be  induced  when  the  temperature  is  dropped  after  the  curing  process. 
Figure  8  shows  the  contour  plot  of  the  residual  stress/ a,, ,  on  the  alumirium  panel 

generated  after  the  panel  has  been  cooled  from  the  cure  temperature  of  121  °C  to  the 
room  temperature,  20  °C.  The  deformed  shape  in  Figure  8  has  been  magnified  by  a  factor 
of  100.  Since  the  panel  contracts  much  more  than  the  cortipbsite  patch,  the  crack  surfaces 
would  be  opened  by  the  residual  stress  generated  and  hence  resulting  high  stress 
concentrations  on  the  crack  tips  as  shown  in  Figure  8. 

Unlike  the  Rose’s  model  where  disbonds  cannot  be  modeled,  the  FEAM  is  used  to 
predict  the  fatigue  response  of  partially  bonded  patches.  Using  the  adhesive  stiffness 
obtained  from  the  perfect  patched  specimen,  the  fatigue  response  of  a  composite  patch 
with  crack  tip  disbonds  (CTD)  is  analyzed.  In  this  configuration,  two  specimens  were 
tested;  Specimen  6  and  7.  In  both  specimens,  the  disbond  area  is  20%  of  the  patch  area. 
Figure  9  shows  that  the  predicted  fatigue  curve  correlates  very  well  the  experimental  data 
from  Specimen  6  and  7.  Even  though  the  disbond  areas  on  both  crack  tips  are  quite  large, 
both  the  analysis  and  the  experiment  show  that  the  fatigue  life  of  the  specimens  would  be 
reduced  by  no  more  than  20%. 

In  the  next  analysis,  the  fatigue  crack  growth  of  specimens  with  a  center  disbond 
is  evaluated.  Specimen  16  has  a  disbond  area  of  10%  and  Specimen  17  has  a  disbond 
area  of  5%.  Figure  10  shows  that  the  fatigue  responses  predicted  with  FEAM  agree  quite 
well  with  the  experimental  data  from  Specimen  16  and  17.  The  predicted  number  of 
cycles  to  failure  for  Specimens  16  and  17  are  99,411  and  114,707  respectively.  These 
results  correspond  well  with  the  experimental  data  where  the  number  of  cycles  to  failure 
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for  Specimens  16  and  17  are  found  to  be  92,624  and  116,817  respectively.  Since  the 
fatigue  life  of  Specimen  16  (center  disbond  with  disbond  area  of  10%)  is  less  than  the 
Specimen  6  or  7  (crack  tip  disbond  with  disbond  area  of  20%),  it  can  be  inferred  that  the 
effectiveness  of  the  composite  patch  is  more  sensitive  to  the  disbonds  located  at  the 
center  of  the  crack  rather  than  the  disbonds  located  at  the  crack  tips. 

Four  full  width  disbond  (FWD)  specimens  have  been  investigated  by  Denny; 
Specimens  4,  5,  1 1  and  14.  These  specimens  have  disbond  areas  of  20%  (for  Specimen  4 
&  5),  10%  (for  Specimen  1 1),  and  5%  (for  Specimen  14).  The  numerical  analysis  seems 
to  provide  good  correlation  with  the  experiment  when  the  disbond  area  is  small. 
However,  for  specimens  with  larger  disbond  area,  the  numerical  solution  seems  to  over 
predict  the  reduction  in  the  fatigue  life  as  shown  in  Figure  11.  The  predicted  number  of 
cycles  to  failure  for  Specimens  4,  5,  11  and  14  are  73,404,  73,404,  95,048  and  115,108 
respectively.  These  results  correspond  with  the  experimental  data  where  the  number  of 
cycles  to  failure  for  Specimens  4,  5,  1 1  and  14  are  found  to  be  86,995,  82,324,  97,278  and 

1 14,423  respectively. 

To  summarize  the  ability  of  finite  element  alternating  method  in  predicting  the 
fatigue  response  of  partially  bonded  patch  repair,  the  predicted  results  are  displayed  along 
with  experimental  data  on  a  bar  chart  shown  in  Figure  12.  The  parameters  that  are  varied 
in  these  specimens  include  the  disbond  shape,  the  disbond  area,  the  initial  crack  length, 
the  maximum  applied  stress,  and  the  applied  stress  ratio.  The  details  of  each  specimen 
are  given  in  Table  2.  Figure  12  shows  that  overall,  FEAM  can  effectively  predict  the 
fatigue  life  of  the  aluminum  panels  with  partial  bonded  composite  patch.  The  overall 
error  of  prediction  is  found  to  be  7.5%. 
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Effect  of  Temperature  Cycles 

In  general,  an  aircraft  would  undergo  a  thermal  cycle  during  each  single  flight.  As  the 
aircraft  climbs  to  the  cruising  altitude,  the  air  temperature  can  drop  to  less  than  -50  °C. 
However,  when  the  aircraft  is  parked  in  a  depot  under  a  heated  sun,  the  temperature  can 
rise  to  70  °C.  Since  the  boron/epoxy  patch  has  a  lower  thermal  expansion  coefficient,  the 
patch  would  contract  much  less  than  the  aluminum  panel  when  the  air  temperature  drops. 
This  induces  a  cyclic  thermal  tensile  loading  on  the  crack  tip  at  a  time  when  the 
mechanical  stress  is  highest.  In  the  current  analysis,  the  sensitivity  of  the  adhesive 
stiffness  to  the  temperature  is  not  considered,  however  as  pointed  out  in  the  earlier 
section,  the  initial  stresses  due  to  the  curing  process  (at  121  °C)  are  accounted  for  in  this 
numerical  model.  Figure  13  shows  the  fatigue  response  of  a  completely  bonded  patch 
(CBP)  for  Case  I  where  the  fatigue  load  is  applied  at  room  temperature,  and  Case  n  where 
the  maximum  load,  ,  is  applied  at  -50  °C  and  the  minimum  load,  ,  applied  at  70 

°C.  As  shown  in  Figure  13,  the  fatigue  life  of  the  specimen  undergoing  the  thermal 
cycles  would  be  reduced  by  more  than  60%  when  compared  to  the  specimen  loaded  at 
room  temperature.  Furthermore,  it  was  found  that  when  crack  tip  disbond  (CTD)  is 
considered  (where  the  disbond  area  is  20%),  the  fatigue  life  of  the  specimen  undergoing 
the  thermal  cycles  is  further  reduced  by  another  30%  as  shown  in  Figure  14.  In  contrast, 
the  fatigue  life  of  the  CTD  specimen  loaded  at  room  temperature  is  reduced  by  no  more 
than  20%  when  compared  with  a  perfect  patched  specimen.  This  model  seems  to  indicate 
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that  the  specimen  undergoing  a  typical  thermal  cycle  would  be  more  affected  by  partial 
disbond  than  the  specimen  loaded  at  constant  temperature. 

Interaction  of  Two  Composite  Patches 

Given  that  cracks  are  sometimes  found  quite  close  to  each  other,  it  is  important  to  study 
how  two  composite  patches  would  interact  with  each  other.  In  this  paper,  two  types  of 
patch  interaction  are  considered.  In  both  configurations,  the  two  patches  are  considered 
to  be  perfectly  patched.  In  the  first  configuration,  both  patches  would  lie  on  the  same 
horizontal  line  as  shown  in  Figure  15.  When  the  patches  are  100mm  apart,  there  seems  to 
be  very  little  interactions  between  these  two  cracks.  As  shown  in  Figure  16,  the  fatigue 
response  of  the  specimen  with  two  patches  is  quite  similar  to  the  specimen  with  a  single 
patch.  When  the  distant  between  the  two  patches  is  reduced  to  25mm,  similar  fatigue 
response  is  found  in  which  there  is  very  little  interactions  between  these  two  cracks  as 
shown  in  Figure  16. 

In  the  second  configuration,  both  patches  would  lie  on  the  same  vertical  line  as 
shown  in  Figure  17.  When  the  patches  are  100mm  apart,  there  seems  to  be  very  little 
interactions  between  these  two  cracks  as  shown  in  Figure  18.  However,  when  the  distant 
between  the  two  patches  is  reduced  to  25mm,  the  fatigue  crack  growth  is  slowed  by  a 
factor  of  three  as  shown  in  Figure  18.  Therefore,  the  specimen  with  two  patches  would 
have  a  longer  fatigue  life  than  the  specimen  with  a  single  patch.  However,  it  is  possible 
that  the  metal  in  between  the  patches  may  fail  in  such  situation;  and  this  is  not  considered 
here. 
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Conclusion 


r- 

Numerical  analyses  based  on  the  finite  element  alternating  method  have  been  performed 
on  several  cracked  panels  with  partially  bonded  composite  patches.  The  numerical  results 
are  compared  with  the  experimental  data  obtained  by  Denny'  and  the  comparison 
indicates  that  the  numerical  results  correlate  quite  well  with  the  experimental  data. 
Furthermore,  a  numerical  study  has  been  carried  out  to  study  the  effect  of  high  stress  low 
temperature  and  low  stress  high  temperature  cycles.  The  result  shows  a  very  significant 
drop  in  the  fatigue  life  when  the  specimen  undergoes  the  thermal-fatigue  cycle.  This 
numerical  result  also  shows  that  the  specimen  which  undergoes  the  thermal -fatigue  cycles 
is  more  sensitive  to  partial  disbond  than  a  specimen  which  undergoes  the  fatigue  cycles  at 
constant  temperature.  Furthermore,  numerical  study  has  been  carried  out  to  examine  the 
interaction  between  two  nearby  patches.  It  has  been  found  that  the  interactions  between 
two  nearby  patches  do  not  reduce  the  fatigue  life  of  the  specimen. 
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Table  1  Material  properties  for  the  aluminum  panel,  boron/epoxy  patch,  and  adhesive 
layer. 


Table  2  Details  of  the  specimens  modeled. 


Specimen 

Configuration 

Disbond  Area 
(%) 

Peak  Load 
(MPa) 

^  ^min  ^  ^max 

3 

CBP 

0 

120 

0.15 

4 

FWD 

20 

120 

0.10 

5 

FWD 

20 

120 

0.10 

6 

CTD 

20 

120 

0.10 

7 

CTD 

20 

120 

0.10 

10 

CBP 

0 

120 

0.10 

11 

FWD 

10 

120 

0.10 

13 

FWD 

20 

100 

0.10 

14 

FWD 

5 

120 

0.10 

16 

CD 

10 

120 

0.10 

17 

CD 

5 

120 

0.10 

20 

CBP 

0 

120 

0.10 

21 

CBP 

0 

120 

0.10 

23* 

CBP 

0 

120 

0.10 

24* 

CBP 

0 

100 

0.10 

*  Initial  crack  length  =  12.7  mm  instead  of  25.4  mm  in  other  specimens. 


Figure  2  The  finite  element  mesh  of  the  composite  patch  on  the  aluminum  panel. 


Figure  3  Disbond  configuration  types  (i)  a  completely  bonded  patch  (CBP);  (ii)  crack  tip 
disbonds  (CTD);  (iii)  a  center  disbond  (CD);  and  (iv)  a  full  width  disbond  (FWD). 
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Unpatched  ■  Perfect  Patch 
Linear  Model  II  ”  Linear  Model  I 


Figure  4  Comparison  of  results  from  numerical  model  I  and  II  with  the  experimental  data 
for  completely  bonded  patch  (CPB). 
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Figure  8  Contour  plot  of  the  residual  stress,  a,,,  due  to  the  curing  process 


Crack  Length  (mm) 
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Figure  9 


♦  Specimens  ■  Specimen?  — Analysis 
Unpatched  Perfect  Patch _ _ 


Comparison  of  numerical  result  with  experimental  data  for  Crack  Tip  Disbond  (CTD) 


Crack  Length  (mm) 


♦  SPECIMEN  16  ■ 

SPECIMEN  17 

- ANALYSIS  16 - 

- — - 

ANALYSIS  17 

Figure  10  Comparison  of  numerical  result  with  experimental  data  for  Crack  Disbond  (CD). 
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Crack  Length  (mm) 
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♦  Specimen  14  ■  Specimen  11  k  Specimens 

— Analysis  14 - Analysis  11 - Analysis  5 


Figure  1 1  Comparison  of  numerical  result  with  experimental  data  for  full  width  disbond  (FWD). 
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CYCLES 


CVCLESTOR^LURE 


■  Bcperimert  DAialysis 


Figure  12  The  predicted  fatigue  lifes  against  the  experimental  data. 
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Figure  13  The  fatigue  response  of  a  completely  bonded  patch  (CBP)  for  Case  I  where  the 
fatigue  load  is  applied  at  room  temperature,  and  Case  II  where  the  maximum  load,  ,  is 
applied  at  -50  C  and  the  minimum  load,  ,  applied  at  70  C. 


CRACK  LENGTH  (mm) 


PERFECT  PATCH  CRACK  TIP  DISBOND 


Figure  14  The  fatigue  life  of  the  specimen  undergoing  the  thermal  cycles  with 
Crack  Tip  Disbond  (CTD). 
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Figure  15  Geometry  of  the  aluminum  patch  with  two  patches  lying  horizontally. 


Crack  Length  (mm) 


_ SINGLE  PATCH  . TWO  PATCHES  (d=100mm) 

—  -  TWO  PATCHES  (d=25mm) 


Figure  16  Interaction  of  two  patches  lying  on  a  horizontal  line. 


of  the  aluminum  patch  with  two  patches  lying  vertically. 


Crack  Length  (mm) 


Cycles 

i  _ SINGLE  PATCH  - TWO  PATCHES  {d=100mm) 

j  —  -  TWO  PATCHES  (d=25mm) 


Figure  18  Interaction  of  two  patches  lying  on  a  vertical  line. 
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1.  INTRODUCTION 

The  discovery  of  a  48  mm  (tip  to  tip)  chordwise,  through  thickness  fatigue 
crack  in  the  lower  wing  skin  of  an  RAAF  F-lllC  aircraft  led  to  the 
development  of  a  bonded  composite  repair.  Fracture  mechanics  calculations 
predicted  that  the  crack  had  degraded  the  residual  strength  to  150  MPa  (21.7 
ksi)  which  is  considerably  less  than  the  Design  Limit  Stress  of  256  MPa  (37.1 
ksi)  which  has  been  established  for  this  area  (Reference  1).  The  repair  was 
therefore  critical  to  flight  safety  and  a  comprehensive  program  of  testing 
representative  specimens  was  required  to  substantiate  the  repair.  The  testing 
program  included  both  static  and  fatigue  tests,  and  the  effects  of  temperature 
and  frequency  of  loading  were  investigated.  This  paper  concentrates  on  the 
effect  of  temperature  and  loading  frequency  on  the  repair  performance.  These 
effects  were  found  to  be  small,  and  certainly  much  less  significant  than  that 
which  is  predicted  by  the  conservative,  simplified  approach  detailed  in  the 
RAAF  Engineering  Standard  C5033  (Reference  2).  The  results  indicate  that 
the  concern  over  thermal  residual  stress  and  thermal  mis-match  effects  which 
arise  from  the  C5033  analysis  approach  and  which  have  been  expressed 
elsewhere  (eg  Reference  3)  are  actually  less  of  a  problem  than  previously 
thought.  That  is  not  to  say  that  the  C5033  approach  is  invalid,  but  it  is 
conservative  and  there  may  be  scope  to  refine  the  analysis  to  remove 
unnecessary  conservatism. 


2.  CRACK  LOCATION  AND  RESIDUAL  STRENGTH  ESTIMATE 

Figure  1  indicates  the  location  of  cracking  on  the  lower  Wing-skin.  The 
shaded  areas  indicate  raised  portions  which  serve  as  integral  stiffeners  and  as 
attachment  lands  for  the  spars,  McHenry  et  al.  (Reference  4).  The  cracking 
occurred  in  an  area  lying  below  the  forward  auxiliary  spar,  at  the  spar  station 
PASS  281.28,  where  the  thickness  of  the  integral  stiffener  is  reduced  from 
approximately  8  mm  to  the  nominal  skin  thickness  (at  this  location)  of  3.7  mm 
(with  the  minimum  acceptable  thickness  being  3.6  mm).  The  purpose  of  this 
depression  in  the  stiffener  is  to  allow  full  fuel  flow  and  drainage  between 
adjacent  bays  of  the  wing-box  fuel  tank.  Two  side-stiffeners  are  used  to 
compensate  for  the  loss  of  spanwise  stiffness  due  to  this  fuel-flow  passage,  as 
indicated  either  side  of  the  crack  in  Figure  1.  The  thickness  variation  in  this 
region  is  more  clearly  illustrated  in  Figure  2.  These  geometrical  features  lead 
to  a  significant  stress  concentration  factor  and  to  out-of-plane  secondary 
bending  at  the  location  of  cracking,  as  discussed  in  Reference  5. 


Inspection  areas 


(a)  Lower  surface  of  port  wing 


Patch  Crack 


(b)  Interior  view  of  shaded  area  indicated  in  (a) 


Figure  1  Location  of  cracking  on  the  F-1 1 1  lower  wing-skin,  at  PASS  281, 
showing  also  the  outline  of  the  repair  patch. 
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The  cracking  occurs  in  the  chordwise  direction,  normal  to  the  direction  ot  the 
nominal  principal  stress  at  that  location.  The  presence  of  secondary  bending 
results  in  faster  crack  growth  along  the  wing-skin  s  inner  surface  relative  to  its 
outer  surface.  This  discrepancy  between  the  surface  traces  is  further 
accentuated  by  the  residual  compressive  stress  at  the  outer  surface  caused  by 
shot  peening  which  is  done  at  manufacture.  For  the  purposes  of  assessing  the 
residual  strength,  however,  it  is  convenient  to  assume  a  straight-fronted 
through-crack,  as  indicated  by  the  shaded  area  in  Figure  2.  This  leads  to  the 
residual  strength  estimate  of  150  MPa  cited  earlier.  This  estimate  is 
conservative  in  at  least  two  respects.  First,  the  effective  toughness  for  the  skin 
material  (2024-T851  aluminium  alloy,  3.6  -  3.8  mm  thick,  LT  orientation)  has 

been  found  experimentally  (Reference  6)  to  be  in  the  range  57-62  MPa  Vin , 
which  is  significantly  higher  than  the  handbook  value  assumed  earlier. 
Secondly,  the  beneficial  effect  of  the  spar  bridging  the  crack  has  been  ignored 
in  deriving  this  estimate. 


Figure  2:  Local  cross  section  geometry  of  the  vdng  skin  in  the  vicinity  of  the 
fuel-flow  passage,  showing  the  location  of  cracking. 


3.  REPAIR  DESIGN 

The  repair  consists  of  an  externally  applied  14  layer  boron  epoxy  patch 
([03,±45,02]s)  bonded  with  FM73  structural  film  adhesive.  The  patch  is 
approximately  470  mm  long  and  320  mm  wide.  The  ends  and  sides  are 
tapered  and  the  comers  are  chamfered  in  order  to  reduce  the  peel  and  shear 
stresses  in  the  adhesive.  Further  details  of  the  repair  design  and  application 
procedures  are  given  in  Reference  7. 
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4.  TEMPERATURE  AND  FREQUENCY  EFFECTS 

The  influence  of  temperature  on  crack  propagation  behaviour  after  repair  with 
a  bonded  composite  patch  is  extremely  complex.  Factors  include  the 
following: 

a.  The  effective  stress  ratio,  R,  is  increased  due  to  the  thermal  residual  stress. 
This  will  be  tension  in  the  aluminium  and  compression  in  the  boron  in  the 
current  F-1 1 1  example. 

b.  The  patching  efficiency  changes  because  the  properties  of  the  adhesive  vary 
considerably  with  temperature.  With  an  increase  in  temperature,  the  shear 
modulus,  G,  and  the  yield  strength,  Xp,  of  the  adhesive  are  reduced  and  thus  the 
patching  efficiency  is  also  reduced. 

c.  The  crack  propagation  properties  of  the  alloy  itself  may  change  with 
temperature. 

Loading  frequency  is  also  a  potential  influencing  factor  because  the  time  spent 
at  high  load  is  increased  with  a  decrease  in  frequency  and  this  is  the  point 
where  the  adhesive  is  loaded  into  the  plastic  region.  Creep  effects  may  occur, 
and  the  potential  for  this  is  higher  at  elevated  temperature  where  the  modulus 
and  yield  point  for  the  adhesive  are  reduced.  There  is  therefore  a  high 
potential  for  frequency  to  be  a  significant  factor  in  crack  patching 
performance. 


5.  SPECIMEN  TESTING  RESULTS 

As  detailed  in  References  8  and  9,  three  levels  of  structural  testing  were 
undertaken  to  substantiate  the  F-1 1 1  repair.  The  majority  of  the  testing  was 
performed  on  “panel”  specimens  and  this  paper  concentrates  on  the  panel 
specimen  results.  These  specimens  (working  area  approx.  300  mm  x  190  mm) 
are  intended  to  simulate  the  wing  skin  including  the  geometrical  features 
shown  earlier  in  Figure  2,  i.e.  an  integral  stiffener,  machined  out  to  provide  a 
fuel-flow  passage,  with  side  stiffeners  to  restore  the  overall  spanwise  stiffness. 
The  panels  are  wide  enough  that  crack  growth  beyond  the  side  stiffeners 
would  not  be  significantly  affected  by  edge  effects,  should  crack  growth  occur 
after  the  application  of  patches  to  the  (pre-cracked)  specimens.  Consistent 
with  this  width  requirement,  the  panel  specimens  are  also  intended  to  be  small 
enough  to  fit  within  a  purpose-built  environmental  chamber  providing  a 
controlled  temperature  level.  A  sketch  of  the  panel  specimen  is  shown  in 
Figure  3. 
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Figure  3:  Panel  specimen.  View  onto  side  representing  upper  surface  of 
lower  wing  skin.  Boron  patch  region  is  shown  shaded. 


The  introduction  of  the  crack  defect  into  the  specimens  was  achieved  by 
creating  an  elliptical,  part  through  notch  in  centre  of  the  side  representing  the 
inner  surface  of  the  lower  wing  skin  using  Electro  Discharge  Machining 
(EDM).  The  specimen  was  then  loaded  under  constant  amplitude  cyclic 
tension  until  a  crack  appeared  at  each  end  of  the  notch  and  grew  to  the 
required  length. 

Patching  was  done  (after  pre-cracking)  to  the  specimen  side  representing  the 
outer  surface  of  the  lower  wing  skin  after  it  was  carefully  cleaned,  grit  blasted 
and  treated  with  an  adhesion  promoter  to  ensure  a  good  bond  surface.  Repair 
patches  were  made  from  Boron/Epoxy  pre-preg  fibre  composite  5521-4.  The 
patch  designed  for  the  panel  specimen  is  not  as  long  (reduced  overlap)  or  wide 
(no  taper)  and  is  therefore  a  conservative  version  of  that  carried  out  for  the 
actual  repair  on  the  aircraft.  The  pre-cured  patch  is  bonded  using  FM-73 
adhesive  cured  at  80°  Celsius  for  8  hours.  Finally,  Non  Destructive  Inspection 
(NDI)  of  the  patched  area  was  performed  to  confirm  patch  and  bond  integrity. 


5.1  Static  Strength 


Unpatched,  Uncracked 


Unpatched,  Cracked,  RT 

Patched,  Cracked,  RT 

Patched,  Cracked,  +1 10C 

Patched,  Cracked,  -40C 

0  50  100  150  200  250  300  350  400  450 

Failure  Stress  (Mpa) 


Figure  4:  Results  of  static  residual  strength  tests  on  panel  specimens 
,!  (RT  :  Room  Temperature) 

i'l 

Figure  4  summarises  th^  static  strength  results  on  the  panel  specimens.  The 
residual  strength  (stress  in  MPa)  is  calculated  as  the  failure  load  divided  by  the 
nominal  cross  sectional  area  (829  mm^,  ignoring  the  patch  and  crack).  Notable 
points  are  as  follows: 

a.  The  residual  strength  in  the  presence  of  a  40  mm  crack  is  degraded  to  below 
the  Design  Limit  Load,  confirming  the  fracture  mechanics  prediction 
mentioned  earlier. 

b.  The  repaired  panels  all  exceed  DLIL,  with  little  effect  noted  between  the 
different  temperatures.  The  temperature  gradient  was  such  that  the 
temperature  on  the  specimen  during  the  hot  test  (+1 10°C)  ranged  from  83.0°C 
to  119.4°C,  and  during  ti^e  cold  test  (-40°C)  from  -16.3°C  to  -42.2°C.  The 
maximum  values  were  at  the  centre  of  the  specimen  due  to  heat  transfer  from 
the  ends  of  the  specimen  into  the  grips  of  the  testing  machine.  However,  the 
hot  test  was  repeated  at  a  later  date  (August  1996)  using  a  new  environmental 
chamber.  The  specimen  (FLTP-17)  had  already  been  used  for  fatigue  loading 
(50,000  simulated  flight  hours)  and  the  crack  had  grown  to  69.4  mm.  The 


temperature  range  on  the  specimen  was  105°C  to  1 12°C,  within  the  boundary 
of  the  boron  patch,  when  it  failed  by  the  crack  propagating  to  the  edges  at  a 
load  of  204.7  kN  (247  MPa).  Given  that  the  Design  Ultimate  Stress  for  the 
high  temperature  load  case  is  214.5  MPa  (Reference  8),  the  second  high 
temperature  test  specimen  also  demonstrated  that  the  repair  restores  sufficient 
static  strength  to  survive  the  DUL  applicable  to  the  higher  temperature  design 
case.  This  is  considered  to  be  a  remarkable  achievement  for  FM73  adhesive 
because  1 10  °C  is  well  in  excess  of  the  glass  transition  temperature  Tq  for  the 
adhesive. 


5.2  Fatigue  Performance 

Initial  fatigue  testing  was  performed  on  cracked,  patched  panel  specimens 
tested  at  ambient  conditions  under  a  representative  cycle  by  cycle  spectrum  at 
a  frequencies  of  3  and  5  Hz.  Full  details  are  given  in  References  8  and  9.  The 
tests  revealed  an  approximately  constant  crack  growth  rate  of  0.7  mm  per  1000 
hours.  Later  testing  investigated  the  effects  of  loading  frequency  and  testing  at 
a  sustained,  elevated  temperature.  Two  frequencies  were  investigated  (5  Hz 
and  0.5  Hz)  and  two  temperatures  (ambient  and  80  °C).  Crack  growth  results 
are  shown  in  Figure  5  (ambient)  and  Figure  6  (80  °C).  The  specimens 
involved  are  numbered  FLTP69-3  and  FLTP  69-4.  One  load  block  represents 
500  flying  hours.  The  crack  length  and  growth  rates  are  always  based  on  the 
total  tip  to  tip  length.  The  results  of  linear  regression  estimates  of  the  growth 
rates  fi-om  Figures  5  and  6  are  summarised  in  Table  1 . 


Crack  growth 
(mm) 


^  FLTP69-4  initial  growth  at  5  Hz 


FLTP69-3  growth  at  0.5  Hz 


FLTP69-3at5Hz  , 


,  - '  ' ,  ^  FLTP69-4  growth  at  0.5  Hz 


/  A' 


FLTP69-4  final  growth  at  5  Hz 


0  2  4  6  8  10  12  14 

Load  block 


Figure  5:  Panel  Specimen  crack  growth  comparisons  at  ambient  temperature 
(end  point  is  not  necessarily  the  failure  point) 


Crack  growth 
(mm) 


^  FLTP69-4  growth  at  0.5  Hz 


FLTP69-3growthat5Hz 


FLTP69-4growthat5Hz 


A' 


2  3  4  5  6 


Load  blocks 


Figure  6:  Panel  specimen  crack  growth  comparisons  at  80  °C  temperature 
(end  point  is  not  necessarily  the  failure  point) 


298 


Specimen  No  |  Temperature  |  Frequency 


Crack  Growth  Rate 


(mm  per  block) 


Ambient 


Ambient 
8 


Crack  Growth  Rate 


(mm  per  1000  hrs) 


0.78 

0.62 

0.38 

2.16 

0.52 

0.28 

0.56 

0.48 


Average 


Table  1:  Summary  of  crack  growth  rates  at  various  temperature  and 

frequency  combinations 


From  Table  1,  the  average  of  all  the  crack  growth  rates  is  0.72  mm  per  1000 
hours.  This  is  similar  to  the  initial  fatigue  test  results  which  showed  a  crack 
growth  rate  of  0.7  mm  per  1000  hours  for  tests  performed  under  ambient 
conditions  at  frequencies  of  3  and  5  Hz.  The  results  at  Table  1  indicate  that 
frequency  of  loading  and  test  temperature  do  not  have  a  significant  or 
consistent  effect  on  crack  growth  rate.  The  variability  in  crack  growth  rate  is 
considered  to  be  v^ithin  that  which  could  be  reasonably  be  expected  in  any 
fatigue  experiment.  This  insensitivity  to  testing  temperature  has  been 
observed  previously  in  patched,  cracked  specimens  (Reference  10).  Later 
work  however  (Reference  1 1)  has  shown  a  small  increase  in  crack  growth  rate 
with  an  increase  in  test  temperature.  The  increase  however  is  considerably 
less  than  would  be  predicted  by  theory.  This  may  be  due  to  many  factors 
including  the  fact  that  static  rather  than  dynamic  properties  for  the  adhesive 
are  used  when  performing  the  analysis. 


5.3  Thermal  Residual  Stress 

A  series  of  experiments  (Reference  9)  were  conducted  to  quantify  the  residual 
thermal  stress  which  prevails  in  the  panel  specimens  and  this  is  compared  with 
simple  theory  in  this  section.  An  investigation  (Reference  12)  was  also 
conducted  to  quantify  the  actual  coefficient  of  thermal  expansion  which  would 
be  expected  in  the  repair  area  on  the  F-1 1 1  wing. 
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The  experiments  (Reference  9)  included  placing  strain  gauged  pieces  of  2024- 
T851  Aluminium  Alloy  (F-111  wing  skin  material)  and  the  14  layer  boron 
epoxy  laminate  in  an  oven  at  a  controlled  temperature  and  measuring  the 
expansion  strain  directly.  The  initial  temperature  was  23  °C  and  the  oven  was 
set  to  80  °C. 

Published  values  (Reference  2)  for  the  coefficients  of  thermal  expansion  (a) 
for  the  aluminium  and  unidirectional  boron  epoxy  are  as  follows: 

a.  Aluminium,  a  =  23  x  10'^  per  °C 

b.  Boron  epoxy,  a  =  4.1  x  10'^  per  °C 

The  14  layer  boron  epoxy  laminate  gave  a  strain  increase  of  168  ps  for  the 
temperature  increase  of  57  °C  (80-23).  This  equates  to  an  effective  a  of  2.95  x 
10’^  per  °C.  This  compares  well  with  the  published  value  of  4.1  x  10'^  per  °C 
for  unidirectional  boron.  The  ±  45  plies  are  expected  to  reduce  the  effective 
expansion. 

The  aluminium  gave  a  strain  increase  of  1198  ps  for  the  57  °C  temperature 
increase.  This  equates  to  an  effective  a  of  21  x  10'^  per  °C  which  is  in 
reasonable  agreement  with  the  published  value  of  23  x  10'^  per  °C. 

Another  experiment  was  conducted  where  a  panel  specimen  was  gauged  prior 
to  bonding  the  patch.  The  actual  residual  strain  in  the  patch  after  bonding  at 
80  °C,  curing  and  returning  to  room  temperature  was  measured.  The 
“residual”  strain  was  about  500  pe  (in  compression  as  expected).  The  bonded, 
patched  panel  was  then  subjected  to  a  temperature  of  about  80  °C  (ie  a  AT  of 
57  °C)  and  the  strain  in  the  boron  increased  to  approximately  zero,  ie  the 
state  of  strain  went  from  approximately  500  ps  in  compression  to  the 
unbonded  or  free  strain  state.  A  similar  strain  increase  (about  500  ps)  was 
measured  in  the  aluminium.  This  indicates  that  the  adhesive  bond  remained 
intact  throughout  the  temperature  range  and  compatibility  therefore  ensured 
that  the  whole  specimen  behaved  as  a  homogeneous  item. 

Another  experiment  (Reference  12)  was  conducted  which  included  placing 
strain  gauges  in  the  repair  area  on  an  imcracked,  unpatched  F-111  test  wing  at 
AMRL.  The  area  was  subjected  to  an  80  °C  temperature  increase  as  per  the 
cure  cycle  and  method  for  applying  the  patch  repair.  The  measured  strain 
increase  was  used  to  compute  an  effective  coefficient  of  thermal  expansion  for 
the  repair  area  of  6  x  10'^  per  °C.  This  is  surprisingly  low,  and  is  significantly 
lower  than  FE  predictions  (Reference  13)  and  previous  analytic  work 
(References  14  and  15).  It  is  also  significantly  lower  than  the  values  obtained 


in  earlier  work  on  the  F-111  Wing  Pivot  Fitting  area  (Reference  16), 
presumably  because  of  differences  in  the  level  of  constraint  and/or  heat  flux  in 
the  area.  The  C5033  approach  (References  2  and  14)  allows  for  an  effective 
coefficient  of  thermal  expansion  to  be  calculated  as  follows: 

a  X  (1  +v) 


where  v  =  poissons  ratio 

assuming  v  =  0.3  and  a  —  21  x  10  ^  per  °C,  this  gives 
a,^  =  13.7x10'^  per  °C 

This  is  still  considerably  higher  than  the  experimentally  obtained  value, 
6x  lO'^er  °C. 


6.  DISCUSSION 

The  static  mechanical  properties  of  structural  film  adhesives  such  as  FM73  are 
known  to  vary  markedly  with  temperature.  Also,  the  large  difference  in 
thermal  coefficient  of  expansion  between  Aluminium  Alloy  and  Boron  Epoxy 
leads  to  an  expectation  of  high  residual  stresses  in  bonded  repairs.  These 
factors  would  be  expected  to  significantly  influence  the  behaviour  of  a  bonded 
composite  repair  such  as  the  F-111  wing  skin  example.  The  experimental 
results  however  indicate  a  lack  of  sensitivity  to  both  temperature  (for  the  static 
and  dynamic  loading)  and  loading  frequency  (for  the  dynamic  loading).  This 
suggests  that  there  may  be  scope  to  reduce  the  conservatism  inherent  in  the 
current  accepted  and  proven  design  analysis  approach  presented  in  RAAF 
Standard  Engineering  C5033. 

In  the  case  of  the  thermal  mis-match  problem,  the  measurements  of  actual 
expansion  in  a  real  wing  indicate  that  the  "problem"  would  be  even  less 
noticeable  in  a  real  repair  than  on  test  specimens.  This  may  be  because  the 
actual  level  of  constraint  in  a  real  structure  is  such  that  only  a  minimal  amount 
of  thermal  mis-match  occurs. 

Reference  1 1  suggests  that  one  difficulty  with  the  models  and  analyses  which 
currently  over  estimate  the  thermal  effects  (particularly  under  cyclic  loading) 
may  be  the  use  of  static  rather  than  dynamic  mechanical  properties  for  the 
adhesive.  This  is  currently  under  investigation  at  AMRL.  The  use  of  elastic 
formulae  in  the  Reference  1 1  approach  may  also  be  a  factor  and  this  is  being 


investigated  also.  The  aim  is  to  improve  the  understanding  of  bonded 
composite  repairs  and  develop  more  accurate  analysis  techniques  to  reduce 
excessive  conservatism. 


7.  CONCLUSION 

A  series  of  static  and  fatigue  tests  were  conducted  to  quantify  the  effects  of 
test  temperature  and  loading  frequency  on  repair  performance.  The  test  results 
confirmed  that  the  current  analyses  over  estimate  these  effects.  Further  work 
to  fully  understand  the  complex  mechanisms  involved  with  these  repairs  under 
different  temperature  conditions  is  required.  This  will  lead  to  improved 
analysis  techniques  which  remove  unnecessary  conservatism. 
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Conference 


Outline  of  Presentation 

4  Background 

♦  Objective 

♦  Probabilistic  Modeling  for  WFD 
4  Preliminary  Results 

♦  Summary 

♦  Future  Work 


♦  Small  undetected  MSD  cracks  in  several 
adjacent  fastener  holes  can  link  together  and 
reach  a  critical  size  in  relatively  few  flights. 

♦  WFD  is  a  random  phenomenon  in  nature. 

♦  Better  understanding  of  WFD  behavior  and 
its  implications  can  be  obtained  with  a 
comprehensive  probabilistic 
assessment. 


Objective 


^  Demonstrate  a  computer  code 
developed  at  FAA  Technical  Center 
which  integrates  existing  deterministic 
and  probabilistic  codes  for  probabilistic 
WFD  assessment 
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SCHEMATIC  OF  RELIABILITY  ANALYSIS 
FOR  WIDESPREAD  FATIGUE  DAMAGE 


LOAD 

UNCERTAINTIES 

STRUCTURAL 

UNCERTAINTIES 

MATERIAL 

UNCERTAINTIES 

PRESSURE,  GUST 

GEOMETRY, 

DAMAGE 

FRACTURE 
TOUGHNESS.  ETC. 

I 


DETERMINISTIC  ANALYSIS 


|fem,  bem,  feam,  approximation 

DAMAGE  TOLERANCE  ANALYSIS 


1 


DESIGN  REQUIREMENT 


LIMIT  STATE  FUNCTION, 
ACCEPTABLE  FAILURE 
PROBABILITY.  ETC. 


I 


STRUCTURAL  RESPONSE 

1 

PROBABILISTIC  I 

CRACK  SIZE,  TIME  OF  ONSET, 
RESIDUAL  STRENGTH 

H 

ANALYSIS  1 

_ ! _ 

DESIGN 

ASSESSMENT 


DEFINITION  OF  LIMIT  STATE 
FUNCTION  (OR  SAFETY  MARGIN) 


LIMIT  STATE  FUNCTION  g  = 

RESIDUAL  STRENGTH  AT  CURRENT  TIME  - 
CRITICAL  RESIDUAL  STRENGTH 


Failure  Zone  ^ 

1 

Safe  Zone 

g  <  0  PDF 

g>0 

Failure  Probability 
=  Shaded  Area'V 

g  = 

=  0 

Limit  State  Function  g 


Probability  of  Failure  =  Probability  (g  <  0  ) 
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ProbabiUstic  Analysis  Methods 


♦  Monte  Carlo  Simulation  (MCS)^ 

*:*  Generates  sampling  points 

in  entire  domain 

♦  Importance  Sampling  Method 
<*  Identifies  the  failure  region 
*:*  Generates  sampling  points 

in  failure  region  only 


Adaptive  Importance  Sampling  (AIS) 

(mpp-based) 


'  ^  '  V  ^ 


Additional 
Sampling  Space 
after  Adjusting 
Curvature 


Additional 
Sampling  Space 
after  Reducing 
Reliability  Index  p 


mpp:  most  probable  (failure)  point 


An  Integrated  Computer  Code  for 
Probabilistic  WFD  Analysis 


CRKTIP  NESSUS 
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CRKTIP 

♦  BEM  Approach 

♦  Use  of  Point  Force  and  Dislocation  Distribution  for 
Crack  Growth  in  2D 

♦  Accurate  SIF  Prediction  with  Relatively  Coarse  BEM 
Mesh 

♦  Developed  by  Professor  Denda  of  Rutgers  University 

♦  Funded  by  FAA  Center  of  Excellenee  in  ComputablonUi 
Modelling  of  Aircraft  Structures 

NESSUS 

♦  An  Integrated  Code  for  Probabilistic  Structural  Analysis 

♦  A  Suite  of  Probabilistic  Methods 

♦  Developed  by  Southwest  Research  Institute 

♦  Funded  by  NASA  Lewis  Research  Center 


Preliminary  Results 

♦  Case  I 

Flat  Panel  with  Four  Rivet  Holes 

♦  Case  II 

Flat  Panel  with  Eight  Rivet  Holes 
Considering  Effect  of  Stiffeners 
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Local  Instability/Crack  Linkup 


w  =  1.0  -  d  -  al  -  a2 
w  =  Tpi  +  rp2 ,  linkup  occurs 


FaUure  Criteria  for  Global  Instability 


♦  Fracture 

Kc  (Fracture  Toughness)  <  K  (Stress-Intensity  Factor) 

♦  Net  Section  Yield 

Applied  Traction*Width 
Yield  Strength  <  Remaining  Ligament 
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Deterministic  Analysis  of 
A  Flat  Panel  with  WFD 

Initial  Crack  Size 
Crack  Growth 
Crhck  Liiikup  (Local  Failure) 

Crack  Linkup  (Local  Failure) 

Net  Section  Yield 
(Global  Failure) 

H  Ligament  Yield 


Flat  Plate  with  Open  Holes 

(Case  I) 


12 

inches 


A  A  A  A  A  A  A  A  A  A  i_A. 
15  inches 


-H 

1  inches 


--  0.158 
I  inches 


7T7TTTTTTTTT 
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Crack  Growth  Equation 


m 

da/dN  =  c  AK 


c  and  m  are  input  parameters 


Uncertainties 

♦  Applied  Traction 

♦  Structure 

❖  Initial  Crack  Size 

♦  Material 

❖  Fracture  Toughness 

❖  Yield  Strength 

♦  Crack  Growth  Parameters 
*>  c  and  m 
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Probabilistic  Failure  by  AIS  and  MCS 

(95%  Confidence  Bound) 

g  (safety  margin)  =  -  4OO00 

AIS  with  282  sampling  jpoinis 
0.0052  <Pf<  0.0064 

MCS  with  1000  sampling  points 
0.0035  <Pf<  0.0155 


It  requires  60,000  sampling  points  for  MCS  to  achieve 
the  same  level  of  accuracy  predicted  by  AIS 


Modeling  of  Stiffener  Effect  Using 
Four  Corner  Holes  (Case  II) 

M  4  M  M  M  .4 


12 

inches 


9  inches 


Oy  0.5  inches  O 


-o- -0-0 -o -o -o -0-0- 

r*- 

1  inches 

o  o 


I  0.158 
I  inches 


Crack  Growth  Equation 


m 

da/dN  =  c(AK-AK^jj) 


where 

AKjh=  2.75  ksi  \/in 

log  (c)  =  bO  +  bl  log  (m)  -  log  (F) 
(m  and  F  are  input  parameters, 
bO  and  bl  are  constants) 

Ref.  Ostergaar  and  Hillberry,  ASTM  STP  798, 1983 


Uncertainties 

4  Applied  Load 

♦  Structure 

❖  Initial  Crack  Size 

4  Material 

❖  Fracture  Toughness 

❖  Yield  Strength 

♦  Crack  Growth  Parameters 

❖  F  and  m 


Cumulative  Distribution  Function  of 
Number  of  Cycles  to  First  Linkup 


The  Number  of  Cycles  to  First  Linkup 


Configuration  for  Net  Section  Yield 
(Global  Failure) 


Ligament  Yield 


Cumulative  Distribution  Function  of 
Number  of  Cycles  to  Net  Section  Yield 


Cumulative 
Distribution 
Function  0-4 


30,000  50,000  70,000  90,000  110,000 

The  Number  of  Cycles  to  Net  Section  Yield 


Summary 

♦  A  prototype  computer  software  for  probabilistic 
WFD  analysis  has  been  developed  which  integrates 
CRKTIPwithNESSUS. 

♦  This  software  can  integrate  with  any  deterministic 
code  for  a  comprehensive  probabilistic  analysis. 

♦  The  code  has  been  exercised  to  demonstrate  its 
ability  to  conduct  probabilistic  assessment  of 
structures  subjected  to  WFD. 

♦  MPP-based  importance  sampling  method  is 
computationally  feasible  for  WFD  analysis. 


Future  Work 

♦  Implement  residual  strength  analysis 

♦  Implement  crack  initiation  life  approach 

4  Conduct  probabilistic  risk  assessment  for 
discrete  source  damage  with  MSD 
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Experimental  Verification  of  Rose’s  Constant  K  Solution 
in  Bonded  Crack  Patching 


Dr.  Richard  Miiller 
Major  Robert  Fredell 
Professor  James  Dally 
Mr.  Coraelis  Guijt 

Center  for  Aircraft  Structural  Life  Extension 
Department  of  Engineering  Mechanics 
United  States  Air  Force  Academy,  Colorado 


ABSTRACT 

Bonded  composite  patches  have  been  used  for  two  decades  to  extend  the  lives  of 
fatigue-damaged  F-16,  F-1 1 1,  B-IB,  C-141B,  and  many  other  aircraft.  One  of  the  key 
features  of  the  technology  is  extremely  slow  crack  growth  under  the  bonded  repair. 
Researchers  have  performed  hundreds  of  experiments  on  repaired  cracked  panels,  and 
have  reported  near-constant  crack  growth  rates  for  a  variety  of  relatively  thin  sheet 
(t  <  3  mm  or  0.125  inch)  configurations  and  constant  amplitude  load  cases.  Constant 
crack  growth  rates  rely  on  the  existence  of  a  constant  crack  tip  cyclic  stress  intensity 
factor,  AK,  underneath  the  patch. 

The  paper  describes  the  results  of  experimental  stress  analyses  carried  out  on  cracked 
aluminum  panels  with  bonded  composite  patch  repairs.  Experimental  strain  gage  and 
photoelastic  measurements  of  K  underneath  a  bonded  repair  validated  Westergaard’s 
analytical  stress  field  description.  These  measurements,  combined  with  fatigue  crack 
growth  studies,  have  verified  that  a  constant  K  condition  (predicted  by  L.R.F.  Rose) 
indeed  exists  for  cracks  under  bonded  repairs.  For  the  configuration  tested,  this  held 
true  while  the  crack  size  was  less  than  roughly  80%  of  the  repair  width.  These  results 
are  key  to  providing  accurate  predictions  of  crack  growth  rates  and  subsequent 
nondestructive  inspection  intervals  in  service. 

KEY  WORDS:  Aging  aircraft,  bonded  repair,  crack  patching,  damage  tolerance.  Rose 
model,  stress  intensity  factor  K 
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Introduction 


Bonded  composite  repairs  to  fatigue-damaged  aircraft  safely  extend  useful  lives  by 
slowing  crack  growth  by  orders  of  magnitude  compared  with  the  unrepaired  case. 
Numerous  experimental  studies  on  repaired  cracked  panels  have  reported  near-constant 
crack  growth  rates  for  a  variety  of  configurations  under  constant  amplitude  loading. 
L.R.F.  Rose  was  the  first  to  publish  a  theory  attributing  these  Constant  crack  growth 
rates  to  a  constant  cyclic  stress  intensity  factor,  AK,  underneath  a  bonded  composite 
doubler  [1].  However,  researchers  have  not  uniformly  agreed  on  the  validity  of  the 
Rose  theory,  particularly  concerning  short  cracks  (2a  <  10  mm  or  0.4  inches). 

It  was  Irwin  who  in  1957  first  suggested  the  use  of  strain  gages  for  the  prediction  of 
the  stress  intensity  near  the  tip  of  a  crack.  However,  little  progress  has  been  made  in 
implementing  this  suggestion.  Dally  and  Sanford  [2]  successfully  experimented  with 
the’problems  of  accurate  measurements  around  strain  gradients,  the  magnitude  of  the 
strain  to  be  measured  if  the  gage  were  placed  in  close  proximity  to  the  tip,  and  the  size 
of  the  gage  relative  to  the  size  of  the  near  field  region.  They  succeeded  in  reducing  the 
theory  to  practice,  and  by  setting  boundaries  for  the  gage  locations,  derived  equations 
for  determination  of  K. 

Verifications  of  these  stress  intensities  came  with  the  experimental  methods  of 
Kobayashi  [3]  based  on  compliance  measurements  and  photoelasticity.  Mannog  [4] 
and  Theocaris  [5]  demonstrated  the  application  of  shadow  caustics  in  a  wide  range  of 
plane  bodies  containing  cracks,  and  finally  Barker  et  al.  [6]  have  shown  an  accurate 
numerical  technique  for  determining  the  stress  intensity  factor  from  full-field 
displacement  data  which  can  be  obtained  with  either  Moire  or  speckle  photography. 
Rosakis  and  Ravi-Chandra  [7]  have  shown  experimentally  that  the  state  of  stress  at  the 
crack  tip  is  three-dimensional  in  region  I  (see  figure  1)  and  is  not  represented  by  either 
plane  stress  or  plane  strain.  Plane  stress  conditions  only  exist  when  the  radial  distance 
from  the  crack  tip  exceeds  half  the  skin  thickness. 

The  validity  of  these  techniques  have  demonstrated  that  strain  gages  can  be  effectively 
employed  to  measure  the  stress  intensity  factor  in  a  cracked  sheet.  However,  the 
determination  of  the  opening  mode  in  a  cracked  panel  containing  a  bonded  repair  by 
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strain  gages  cannot  be  employed  directly  without  proving  the  validity  of  the 
Westergaard  equations  underneath  the  patch,  which  form  the  basis  for  the  stress 
intensity  models. 

region  II,  plane  stress  area 
with  accurate  three-parameter 
representation 

Figure  1.  Schematic  representation  of  regions  surrounding  crack  tip  (after  [2]). 

The  area  adjacent  to  the  crack  tip  is  divided  into  three  regions,  as  shown  in  figure  1. 
After  accounting  for  the  valid  ranges  for  this  strain  approach,  the  closest  valid  location 
to  crack  should  be  chosen.  The  inner  boundary  of  validity  is  equal  to  a  radius  around 
the  crack  tip  of  the  sheet  thickness  divided  by  two,  while  the  outer  radius  is  bounded 
by  three-tenths  of  the  half  crack  length  (figure  1)  and  is  theoretically  based  on 
truncation  of  the  higher  order  terms  of  the  strain  field  multi-parameter  theory  [2]. 

The  error  due  to  strain  gradient  is  minimized  by  placing  the  strain  gages  sufficiently 
far  from  the  crack  tip  and  is  then  eliminated  by  a  simple  integration  procedure. 

Theoretical  Multiparametric  Representation  of  the  Strain  Field 

Sanford  [8]  showed  that  the  Westergaard  equations  [9]  should  be  generalized  to  solve 
fracture  mechanics  problems  where  the  stress  field  in  the  neighborhood  of  the  crack  tip 
is  influenced  by  the  proximity  of  boundaries  and  points  of  load  application.  The 
stresses  expressed  in  this  generalized  form  are  given  by: 

cr„  =ReZ->'ImZ'-yIm7'-l-2Rey 

cr,,^  =  ReZ-f-7lmZ'+_yImT'  (1) 

T^^=-yReZ'-yReY'-JmY' 
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For  a  single-ended  crack  ,  the  stress  functions  Z  and  Y  can  be  represented  by: 

n=0 

M 

nz)=|;v. 

m*0 

with  z  =  x  +  iy 

By  substituting  equation  (1)  into  the  plane  stress-strain  relations,  the  following 
generalized  equations  for  the  strain  field  are  obtained: 

=(l-i;)ReZ-(l  +  L>)yImZ'-(l  +  u)yImr+2Rey 
=(l-L))ReZ-»-(l  +  u)yImZ'  +  (l  +  u)yImy'-2t;Re7  (3) 

1 

~  ^'^xy 

The  stress  field  can  be  expressed  exactly  by  using  the  infinite  series  representations  of 
the  stress  functions  Z  and  Y  given  in  equation  (2).  The  exact  approach  cannot  be  used 
in  practice  due  to  the  infinite  number  of  unknown  coefficients  An  and  B^,  and 
consecutively  an  infinite  number  of  strain  gages.  For  a  four-term  representation  the 
next  expression  for  e^x  is  obtained  if  Z  and  Y  are  determined  for  n  =  0,1  and 
m  =  0,1: 

Ee^  =  4,r^cosf[(l-u)-(l  +  L>)sinfsinf]  +  2Ro  + 

^  cos  f  [(1  -  u)  +  (1  +  u)  sin^  f  ] + 2R,r  cos  9 
ESy,  =  A>r^  cosf  [(1  -  u)  +  (1  +  u)  sinf  sinf  ]  -  2vB^  + 

(4) 

cosf  [(1  -o)-  (1;+  v)  sin^  f]  -  2u5,r  cos<9 
a  =  sin^cos-^-— r' sin^cosf-2R,rsin0, 

f^yxy  2^2 

with  K,  =  -J^A^ 

By  considering  the  orientation  of  the  strain  gages  at  an  arbitrary  angle  a  according  to 
the  coordinate  transformation  presented  in  figure  2,  some  of  the  terms  in  the  strain 
field  representation  can  be  eliminated. 


Figure  2.  Coordinate  system  used  in  described  crack,  strain  gage  geometry. 

The  strains  related  to  the  rotated  coordinate  system  shown  in  figure  2  are  determined 
from  the  first  invariant  of  strain. 


^x'x  ^yy 


For  the  complex  of  the  strain  transformation  holds, 

^y-y  ~  ^x'x'  +  x'y'  =  ~^xx'^  xy)^ 


2/a 


(5) 

(6) 


Substituting  in  equation  (3)  results  for  the  transformed  strain  in  x-direction: 

-  /4or'^[/:cosf-^sin^sin^cos2a  +  |sin^cos^sin2a]  + 

5o  {k  +  cos2a)  +  cosf  [A:  +  sin'  f  cos2a  -  ^  sin 0  sin  2a]  + 

B^r{{k  +  cos2a)  cos^-  2  sin  0  sin  2a], 

where 
\-v 


(7) 


k  = 


l  +  i; 


Equation  (7)  gives  the  relation  between  K,  and  the  strain  e^’x’  measured  with  a  single 
strain  gage  oriented  at  an  angle  a,  with  respect  to  the  P(x’y’)  coordinate  system. 


J 
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Strain  Gage  Location  and  Orientation 

While  six  parameters  are  considered  to  represent  an  exact  solution  [10],  a  three- 
parameter  solution  (using  Aq,  Bq,  A,)  still  gives  sufficient  accuracy  (in  the  order  of 
±5%)  with  the  use  of  a  single  gage  [2].  Starting  from  the  three-parameter  solution, 
some  terms  can  be  eliminated  by  gage  positioning  and  orientation.  Bq  can  be 
eliminated  from  equation  (7)  by  setting 


cos2cir  =  -k  =  - 


1-t^ 

l  +  y 


(8) 


Setting  A,  to  zero, 


it  +  sin^  |cos2a-Ysin^sin2a  =  0, 


which  can  be  satisfied  if 


(9) 


tan— =  -cot2Qr 
2 


The  results  show  that  a  single  element  strain  gage  can  be  used  to  provide  the  data 
necessary  for  a  three  parameter  solution.  The  relation  between  v,  0  and  a  is  presented 
in  table  1,  from  [2]. 


Poisson’s  ratio 

V 

0  (deg) 

a  (deg) 

q.250 

73.74 

63.64 

0.300 

65.16 

61.29 

0.333 

60.00 

60.00 

0.400 

50.76 

57.69 

0.500 

38.97 

54.74 

Table  1.  Offset  angles  a  and  9  as  function  of  Poisson ’s  ratio  vfrom  [2J. 


For  an  aluminum  sheet  with  v  =  1/3,  a  =  0  =  60°.  If  the  gage  is  placed  in  region  II, 
equation  7  reduces  to: 


Experimental  Verification  of  Strain  Field  Representation  for  Bonded  Repairs 

The  validity  of  the  above-described  analysis  can  be  verified  using  the  steps  described 
in  the  approach.  With  the  strain  field  described  by  equations  (4)  and  a  single  strain 
gage,  as  shown  in  figure  3,  in  the  vicinity  of  the  crack  tip,  the  strains  of  model  and 
experiment  can  be  compared.  With  increasing  crack  length,  the  strain  results  should 
show  a  similar  trend. 


Figure  3.  Strain  gage  location  in  y  direction  (parallel  to  the  crack) 
as  a  function  of  the  crack  length. 


For  an  aluminum  sheet  with  v=l/3,  and  simplifying  the  equation  for  the  strain  field 
representation  parallel  to  the  crack,  the  following  relation  for  8yy  is  obtained: 


The  analytical  results  for  the  strains  at  a  fixed  location  as  a  function  of  the  crack 
length  can  be  determined  from  figure  4. 


Figure  4.  Strains  parallel  to  the  crack  flank  as  function  of  crack  length. 


As  crack  length  increases,  the  strain  will  increase  to  a  maximum  when  the  crack  tip  is 
close  to  the  gage.  However,  the  maximum  is  not  achieved  when  the  crack  is  just  in 
line  with  the  gage.  The  vertical  displacement  of  the  gage  from  the  crack  alters  the 
trend,  resulting  in  the  maximum  strain  being  displayed  2  mm  before  the  crack  tip  is  in 
line  with  the  gage,  both  according  to  the  prediction  and  measurement.  If  the  same 
results  can  be  obtained  with  strains  underneath  patches,  the  complex  higher  order 
equations  remain  valid  to  describe  the  stress  field.  A  similarity  approach  is  used: 
similar  strains,  K  values,  and  crack  opening  displacements  imply  similar  crack  growth 
rates.  Moreover,  this  experiment  demonstrates  that  both  the  location  of  the  crack  and 
the  onset  of  crack  extension  can  be  determined  using  strain  gages. 

I 

Figure  4  demonstrated  the  change  in  theoretical  strain  as  crack  tip  location  changes 
with  respect  to  the  strain  gage,  while  figure  5  compares  experimental  results  with  the 
theoretical  curve  for  a  single  gage  location  (y  =  4.2  mm). 
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Figure  5.  Strain  Syy  in  the  vicinity  of  a  crack  tip  as  function  of  the  crack  position. 

Both  curves  display  the  same  order  of  magnitude  and  trend  (curve  shape).  This 
approach  is  used  to  validate  the  use  of  the  K-approach  with  strain  gages  underneath  a 
patch,  but  this  strain  gage  measurement  also  can  locate  the  crack  tip  with  respect  to  the 
gage:  if  the  strain  increasing,  the  crack  tip  is  approaching  the  gage,  while  if  the  strain 
is  decreasing,  the  crack  tip  has  already  passed  the  gage.  Considering  the  valid  ranges 
for  this  strain  approach,  the  closest  possible  location  to  the  crack  should  be  chosen. 
Gages  must  be  located  close  to  the  crack  tip  for  optimum  results,  without  violating  the 
Zone  I/Zone  II  boundary  at  half  the  sheet  thickness  from  the  crack  tip,  as  introduced  in 

the  theory. 

In  work  to  be  reported  separately  [11],  an  isochromatic  fringe  pattern  study  using 
photoelastic  materials  showed  a  reduction  in  the  stress  field  underneath  the  repair 
compared  to  the  unrepaired  situation,  and  again  the  strain  field  representation  by 
Westergaard  can  be  used  for  determining  the  stress  intensity  Kj.  The  fringe  patterns  at 
the  crack  tip  stay  similar  in  shape  and  orientation  (implying  no  significant  change  in 
shear  stress  or  biaxiality). 

Hence,  the  strain  field  representation  derived  in  this  report  to  describe  the  K  is  valid 
for  unpatched  cracked  thin  sheets  and  for  bonded  repairs,  as  demonstrated  by  strain 
gage  measurements  and  photoelastic  measurements. 
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Experimental  Measurements  of  Stress  Intensity  Factor  in  a  Bonded  Repair 

The  strain  gage  analysis  was  verified  using  a  center-cracked  aluminum  alloy  2024-T3 
alclad  sheet  1.0  mm  (0.040  inches)  thick  with  length  by  width  dimensions  500  x  152 
mm  (20  X  6  inches).  An  equivalent  stiffness,  rectangular  glass/epoxy/aluminum 
composite  doubler  1.1  mm  (0.044  inches)  thick  with  length  by  width  dimensions  92  x 
77  mm  (3.6  x  3.0  inches)  was  adhesively  bonded  over  the  crack  using  a  rubber- 
toughened  epoxy  film  cured  at  120°C  (250°F).  Six  strip  gages  were  used  and 
interpolation  of  the  strains  at  the  gages  was  performed.  The  strip  gages  had  grid 
dimensions  of  0.062”,  type  EA-13-062MW-120  and  were  installed  along  the  Q  = 

60°  line,  as  shown  in  figure  6.  Static  strain  measurements  were  taken  from  0  to  105 
MPa  uniaxial  tension. 


Figure  6.  Schematic  representation  of  single-sided  repair  and  strain  gages  for  stress 
intensity  measurements  (9=  a  -60  degrees,  strain  field  analysis  gage  -J-  crack). 

Properly  designed  bonded  composite  repairs  can  increase  the  life  of  cracked 
components  by  two  or  three  orders  of  magnitude.  Figure  7  shows  results  of  two 
typical  constant  amplitude  fatigue  tests  carried  out  in  support  of  this  paper.  Test 
conditions  were  as  follows:  a^ax  =  130  MPa,  R  =  0.05,  room  temperature,  f  =  10  Hertz. 
In  the  repaired  case,  200,000  fatigue  cycles  passed  without  any  crack  growth,  followed 
by  several  hundred  thousand  cycles  of  very  slow  crack  growth. 
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Figure  7.  Repaired  and  unrepaired  constant  amplitude  fatigue  crack  growth  curves. 

Figure  8  shows  the  measured  reduction  in  K,  achieved  by  applying  a  bonded  repair  to 
the  cracked  adherend.  Static  strain  measurements  were  taken  at  six  separate  crack 
lengths  from  25  to  80  mm.  Strip  gages  containing  five  grids  at  1.3  mm  (0.050  inch) 
pitch  were  used.  The  gages  were  1.6  mm  (0.062  inches)  long  and  the  first  gage  was 
placed  5  mm  from  the  crack  tip. 

patch  edge 


patch  effectivity _ 


\  ^  ' 

Kunpatched,  ^ 


Kpatched,  measured 


40  50  60 

crack  length  2a  [mm] 


Figure  8.  Reduction  in  stress  intensity  due  to  the  application  of  a  bonded  repair. 
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Figure  8  clearly  shows  the  significant  reduction  in  Kj  that  accompanies  the  bonded 
repair.  With  increasing  crack  length,  K  remains  constant  until  the  crack  length  reaches 
about  80%  of  the  patch  width.  (No  data  were  taken  for  cracks  shorter  than  2a  =  25 
mm.)  Although  Kapparent  (measured  by  the  strain  gages)  remained  constant,  the 
absolute  reduction  in  K  increased  as  the  crack  grew  longer.  With  increasing  crack 
length,  the  patch  bridges  the  crack  more  efficiently  because  Of  laff  Cf  restraint  on  crack 
opening  displacement.  Once  the  crack  approached  the  edge  of  the  repair,  K  was  still 
reduced  significantly,  but  by  a  smaller  percentage. 

The  measured  crack  growth  rates  are  shown  in  figure  9,  where  d(2a)/dN  is  plotted  as 
function  of  the  crack  length.  A  constant  crack  growth  rate  (d2a/dN  =  1.2  x  10'^ 
m/cycle)  is  clearly  evident  up  to  2a  =  60  mm.  This  crack  growth  rate  corresponds  to 
an  effective  AK  value  (based  on  observed  crack  growth  rate)  of  between  7  and  9 
MPaVm  (from  [12]  and  the  authors,  respectively).  The  apparent  AK  values 
(experimentally  measured  with  strain  gages)  were  13.0  ±  0.3  MPaVm  over  the  range 
25  mm  <  2a  <  60  mm. 


2a  [mm] 

Figure  9.  Plot  of  repaired  and  unrepaired  crack  growth  rates  versus  crack  length. 
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Discussion 


The  data  show  clearly  how  effective  a  bonded  repair  is  in  reducing  the  stress  intensity 
factor  and  the  crack  growth  rates  for  cracks  longer  than  25  mm  in  thin  aluminum 
sheets.  Reductions  in  K,  of  more  than  60%  are  easily  achievable,  corresponding  to 
reductions  in  crack  growth  rates  of  one  to  two  orders  of  magnitude  over  the  unrepaired 
case.  Most  significantly,  K  and  crack  growth  rates  remain  constant  for  a  large  portion 
of  the  life  of  the  crack  after  repair,  making  inspection  intervals  easy  to  calculate. 

In  the  configuration  tested,  when  the  crack  length  exceeded  about  80%  of  the  patch 
width,  the  constant  K  condition  ceased  to  exist,  and  some  acceleration  was  seen  in  the 
crack  growth  rate.  However,  this  higher  growth  rate  remained  substantially  slower 
than  in  the  unrepaired  case.  Thus,  even  when  a  crack  extends  beyond  the  repair,  it  is 
easily  detectable  over  a  reasonable  and  safe  period  of  time.  Even  more  significantly, 
the  critical  flaw  size  required  for  fracture  is  significantly  lengthened.  Paris-type 
integration  techniques  can  be  used  to  convert  the  measured  stress  intensities  into  crack 
growth  rates. 

The  approximately  4  MPaVm  (30%)  difference  between  AKapparent  measured  by  the 
strain  gages)  and  AKeffective  (experimentally  observed  crack  growth  rate)  indicates  that 
a  substantial  part  of  the  fatigue  cycle  must  be  spent  in  crack  closure.  This  is  probably 
a  thermally  induced  phenomenon,  as  the  measured  stress  intensities  beneath  the  repair 
were  too  low  to  produce  significant  crack  tip  plasticity  and  subsequent  closure.  Strain 
gages  were  applied  after  the  bonded  repair  was  cured.  Hence,  the  gages  could  not 
measure  any  residual  thermal  stresses.  The  complex  interaction  between  repair  and 
substrate  materials  with  different  coefficients  of  thermal  expansion  and  restraint 
caused  by  local  heating  in  a  stiffened  structural  repair  is  explained  more  completely  in 
[13]  and  [14].  However,  most  simply, 

AK-effective  ~  AK^pp^rgnt  AKf^jj^uai^  thermal  (ii) 

where  AKresiduai.  thermal  represents  the  residual  thermal  stress  from  the  bonding  process 
(in  this  case,  compressive)  that  acts  on  the  crack  tip.  In  the  case  presented  here,  the 
thermal  stress  acts  to  reduce  AKeffective  by  shifting  the  fatigue  ratio  R  from  +0.05  to  a 
negative  value. 
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Additional  investigations  are  necessary  to  determine  the  effectiveness  of  bonded 
repairs  on  short  cracks  at  higher  stress  levels.  Further  study  of  the  observed  temporary 
complete  stopping  of  crack  growth  after  repair  (not  observed  with  all  composite  repair 
materials)  is  also  needed. 


Summary  and  Conclusions 

The  results  of  experimental  stress  analyses  carried  out  on  cracked  aluminum  panels 
with  bonded  composite  patch  repairs  were  presented.  Experimental  strain  gage 
measurements  of  the  stress  intensity  factor  K  beneath  a  bonded  composite  repair 
validated  Westergaard’s  analytical  strain  field  description.  These  measurements,  in 
combination  with  fatigue  crack  growth  studies,  verified  Rose’s  prediction  of  a  constant 
K  condition  for  cracks  repaired  with  bonded  composite  patches.  These  results  will  aid 
accurate  predictions  of  crack  growth  rates  and  subsequent  nondestructive  inspection 
intervals  in  service. 

In  this  study  of  bonded  repairs  to  cracked  aluminum  sheets,  the  key  conclusions  are: 

•  The  Westergaard  multi-coefficient  strain  field  representation  can  be  used  to 
accurately  determine  stress  intensity  factors  using  strain  gages  in  cracked  panels 
containing  bonded  repairs. 

•  Measured  stress  intensity  reductions  up  to  65%  were  achieved  with  the  application 
of  a  bonded  composite  repair,  correlating  to  more  than  ten  times  slower  crack 
growth  rates  than  in  the  unrepaired  situation. 

•  As  predicted  by  Rose,  the  repaired  crack  tip  cyclic  stress  intensity  is  independent 
of  crack  length  over  a  range  of  crack  lengths  as  observed  by  crack  growth  rates  and 
strain  gage  measurements.  The  apparent  difference  between  the  two  measurements 
is  attributed  to  residual  thermal  effects. 

•  Calculated  or  measured  stress  intensity  factors  can  easily  provide  the  relation  to 
crack  growth  can  be  easily  made  with  help  of  the  Paris-type  calculations. 

•  Repair  effectiveness  declines  somewhat  when  the  crack  length  approaches  the 
repair  width. 
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Year  first  used  in  airplane 
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Validate  analytic  premise  from  contrast  of  predictions  with  test  results. 


Intergranular  corrosion  (IGC)  may  not  be 
evident  without  special  inspection  methods. 
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stress  environment. 


7xxx  aluminum  alloy  are  more  vulnerable 
to  IGC  in  their  manufacturing  sequence. 
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suspect  parts. 


A  recent  field  problem  gave  opportunity  tc 
study  fracture  mechanics  based  prediction 
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demographics. 

Fatigue  origin  sizes  used  in  combination  with  FCG  data  to 
validate  equivalent  flaw  life  prediction  approach. 


Extruded  stiffener  detail 
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mplications  of  Test  Results 
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Smooth  specimen  test  ideal  for  generation  of  initial  flaw  data. 


Typical  crack  originating  microfeatures  were 
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Microstructural  feature  depth  (mils) 


yclic  performance  correlates  with  scale 
of  the  life-limiting  microfeature. 
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l.OE+04  l.OE+05  l.OE+06  l.OE+07  l.OE+08 

Cyclic  life 


Measured  flaw  population  data  was  used 
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Evaluation  of  small  crack  growth 
requires  closure  free  FCGR  data. 
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FCGR  law  built  from  splice  of  closure 
free  and  conventional  long  crack  data. 
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35  ksi:  microfeature  depth  vs. 


l.OE+04  l.OE+05  l.OE+06 


30  ksi:  microfeature  depth  vs.  cyclic  life 
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20  ksi:  microfeature  depth  vs.  cyclic  life 
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S-N  test  results  compare  favorably  with 
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Fatigue  life  (cycles) 


Backcalculation  from  coupon  tests 
offers  a  means  to  reduce  cost  of  generating 
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>-  Development  Costs  Easily  Amortized  Across 
Applicability 

Large  Economic  Gains  in  Particular  Cases 
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Individual  Designs  Required 

Little  Opportunity  to  Amortize  Development 

Costs 
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Which  Leads  to  a  Structural  Problem 

Rather  Than  Fatigue,  Which  is  a  Structural  Design  Problem 
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Using  Standard  NDi  Processes 
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Growth  Rate  Effected  Only  in  The  Blend-Out  Region 
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implified  Predictive  Methods 

o>  Based  on  Stress  Levels  in  Metal  With  Blend 

O'  Correlate  with  T rend 


Advanced  Repair  Technology  International 


372 


Advanced  Repair  Technology  International 


Q.  f 

a>  ^ 

■o  ® 

■S^ 

c  ® 
o  B 
m  <D 

g'i 

Ol  — 
UJ  ^ 

1  = 
S  a 

O  Q. 

CD  < 


^  12  .2 

xj  «  = 

1  ®  i 

Gl  o  ^ 

<  C  ^ 

12  £  a 

«  -g  .E 

0)  P  (0 

k> 


o 

—  <0  (0 

lo  £ 

®  *5 
>  O  W 
O  Z  HI 


a  s! 


12  12 
0)  <D 
c  c 
c  <l>  Q 
o  £  (0 

■g  W  £ 

oi“ 

O  g*  -o 

0)  2  8 

0)  -Q  2 

£2-0 
(0  u  £ 


4) 

01 

« 

U 

lA 

\  2 


«  £ 

^  e 

2  12  * 

■g  5  s  "s - 

•2  la  ’Hu 

£  g  S  O  H 

D  OD  S  (fa  fiN 

a  o 

I  u 


373 


374 


Advanced  Repair  Technology  International 


375 


Days 


Advanced  Repair  Technology  International 


376 


View  Looking  Onto  Lower  Wing  Skin 
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Similarly,  the  Choice  of  Repair  Technique  Is  Based  On 
^  Confidence,  Familiarity,  &  Availability 
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Last  20  years 
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Corrosion  Pillowing  Model  Verification 

Contour  plots 
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Corrosion  Pillowing  Model  Verification 

Outer  surface  results  at  maximum  pillowing  deflection 
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Fracture  Mechanics  Analysis 
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Stress  intensity  for  crack  edge  along  inner  surface 
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Ground  Attack  During  All  Weather  Operations 
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Fatigue  Spectram  Development 
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Fatigue  Spectrum  Development 


.2  CO 


£  S 

i5  "o 
0  0 
Q  OC 


2.  CO 
CO  C 


®  rn 
O  V 
CO  If) 


^  W 

t  I 
£  < 
CO  <2 

V  _ 


^  O 
CO  -g 

CO  GC 


0  0 


A  A  ^  S 


0  3= 

S  CO 


O) 

c 

Trt  0 

lE 

c  =) 

o  ^ 

H— • 

I  ° 

~  C 

Q.i 

^  ■s 
1-  0 

0  C 

.si 

t5  “ 

3:  -D 
^  0 
C  CO 
m  0 
0 

0  ^ 

0  F 

>  i  C 

>  O  .2 
0  ■*-  0 
^00 
CO  CD 
O  -9  ir 

_j  +=  Q. 

Q.  F 

0  0  g 

C  O  O 
0  0  O 

2 

o  E 

^  0CL 

O  H  ^ 


D)  C 

2  I 

CL 

^  O 
0  0 
0  Q. 

h-  CO 


445 


Fatigue  Spectrum  Development 
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Fatigue  Test  Spectrum 
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Test  Article  Description 
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Full  Scale  Test  Setup 
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Test  Results 
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GLARE®,  Reducing  Weight  and  Improving  Structural  Integrity 

Ir.  Jan  Wiliem  Gunnink* 

Structural  Laminates  Company 
Kluyverweg  4,  2629  HT  Delft,  The  Netherlands 

Prof.  Boud  Vogelesang 
Delft  University  of  Technology 
Kluyverweg  1 ,  2629  HS  Delft,  The  Netherlands 


Introduction 

While  flying  aircraft  structures  are  vulnerable  to  corrosion,  fatigue  as 
well  as  damage  tolerance  problems,  it  is  certain  that  these  problems  will 
increase  significantly  due  to  (anticipated)  life  extension  of  the  current 
fleet. 

To  achieve  this  life  extension  a  significant  amount  of  effort  is  going 
on,  especially  in  the  field  of  repair.  New  repair  methods  are  being 
developed.  Bonding  joining  technique  is  extensively  promoted  over 
standard  riveting  procedures.  New  materials  like  boron  and  GLARE®  are 
introduced  as  preferred  patch  materials. 

Previous  ASIP  Conferences  indicated  that  these  new  materials  are 
excellent  to  repair  damaged  aircraft  structures.  However,  it  is  not  known 
very  well  that  some  of  them  can  improve  the  structural  integrity  and 
simultaneously  reduce  weight  by  using  them  as  primary  structural 
materials. 

In  this  paper  will  be  shown  that  GLARE®  can  be  used  as  a  primary 
structural  material  offering  increased  durability  and  damage  tolerance 
capability  at  a  20-30%  weight  reduction  compared  to  currently  applied 
materials.  The  main  emphasize  will  be  on  the  application  in  the  fuselage. 
In  this  respect  some  sub-  as  well  as  large  scale  GLARE®  components 
will  be  shown  and  (test)  results  will  be  discussed  briefly.  This  will 
include  large  scale  fuselage  as  well  as  bulkhead  components. 
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Advantages  of  GLARE® 

In  several  publications  the  advantages  of  GLARE®  are  StSted 
In  this  section  these  benefits  will  be  summarized: 

-  weight  (density) 

-  strength 

-  fatigue 

-  damage  tolerance 

-  impact  resistance 

-  flame  resistant 

-  lightning  strike 

-  thermal  insulation 

-  corrosion  resistant 

-  repairability 

-  maintenance. 

Some  of  these  characteristics  will  be  mentioned  briefly. 

Disadvantages  of  GLARE® 

In  most  reports  and  discussions,  three  disadvantages  of  GLARE®  are 
addressed,  i.e. 

-  cost 

-  stiffness 

-  workshop  properties. 

During  the  course  of  this  paper  It  will  be  shown  that  by  proper 
design  as  well  as  taking  advantages  of  the  ability  of  the  material,  these 
disadvantages  can  be  minimized  and  can  even  be  turned  into  their 
opposite. 

Applications  of  GLARE® 

Due  to  its  characteristics  GLARE®  is  considered  for  fatigue  and 
damage  tolerance  critical  structures.  It  is  therefore  applicable  in  large 
primary  components  like  fuselage  skins  and  bulkheads  as  well  as 
lowerwing  and  flap  skins.  Some  research  results  on  fuselages  will  be 
shown. 
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Due  to  its  flame  resistant  capabilities  GLARE®  offers  potential  to 
further  increase  the  safety  of  aircraft.  Several  new  aircraft  programs  are 
looking  at  GLARE®  from  this  perspective.  In  combination  with  the 
fatigue  and  damage  tolerance  capabilities  it  will  offer  increased  safety, 
reduced  weight  as  well  as  reduced  maintenance  cost  (less  or  no 
inspection!!). 

The  higher  impact  performance  of  GLARE®  makes  it  an  attractive 
material  for  impact  prone  areas  like  the  cockpit  crown,  front  bulkheads, 
leading  edges,  flaps,  undercarriage  doors  and  cargo  floors.  Its  impact 
capabilities  together  with  its  flame  resistant  characteristics  makes  it 
suitable  for  cargo  linings  as  well  as  "blast  resistant"  containers.  Up  to 
this  moment  a  GLARE®  container  built  by  Galaxy  Scientific  Co.'^^  is  the 
only  container  which  meets  the  blast  and  fire  requirements  of  the  FAA 
(Fig.  1). 


Fig.  1  GLARE®  ECOS^  before  and  after  FAA-conducted 
explosive  testing  (courtesy  Galaxy  Scientific  Co.) 


GLARE®  has  lower  stiffness  compared  to  aluminum  alloy.  Studies  and 
research  programs  mainly  performed  by  the  US  Airforce  have  shown 
that  this  is  one  of  the  aspects,  which  makes  GLARE®  an  excellent 
material  to  repair  damaged  aluminum  structures'^'.  Several  US  Airforce 
airplanes  are  currently  fly-testing  GLARE®  patch  repairs,  a.o.  the 
fuselage  of  the  C-5A.  Also  Daimler-Benz  Aerospace  Airbus  (DBAA)  has 
shown  in  its  certification  test  article  for  the  A-330  the  improved 
repairability  aspects  with  GLARE®  over  conventional  aluminum  alloys. 
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Airbus  A-340  fuselage  barrel  test’®^ 

Daimler-Benz  Aerospace  Airbus  has  performed  a  fuselage  barreltest 
using  GLARE®  in  the  crown  of  this  section.  The  application  of  GLARE® 
resulted  in  a  more  than  20%  weight  reduction  over  the  standard 
aluminum  structure  (skin  to  skin).  It  resulted  also  in  a  reduction  of  parts 
as  well  as  a  less  complicated  part  compared  to  its  aluminum  baseline. 
The  reduction  of  parts  was  obtained  by  the  deletion  of  Ti-crackstoppers. 
This  was  a  natural  consequence  of  applying  an  almost  fatigue 
insensitive  material.  Due  to  the  good  fatigue  behaviour  of  GLARE®  joints 
it  is  not  a  prerequisite  to  have  increased  skin  thicknesses  at  the  joints  as 
well  as  at  stringer  locations.  Both  aspects  have  contributed  to 
complexity  reduction  of  the  part. 

8 
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^  5 

(0 
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0  2,000  4,000  6,000  8,000 

n  (flights) 

Fig.  2  Crackgrowth  in  the  Airbus  A-340  barreltest’®’ 

The  results  of  the  damage  tolerance  test  on  this  fuselage  section 
was  extremely  good.  Figure  2  shows  the  crackgrowth  behaviour  of  a 
central  broken  member  (frame  or  stringer)  including  skin  fracture  with  a 
starter  crack  of  75  mm  (~3.0")  in  an  all  aluminum  section  compared  to 
the  GLARE®  section.  It  clearly  indicates  that  a  crack  in  the  aluminum 
section  over  a  broken  frame  becomes  critical  in  about  6,500  flights. 


whereas  the  same  crack  configuration  in  GLARE®  grows  slowly  and 
turns  out  to  become  critical  only  after  more  than  40,000  flights. 


Airbus  A-330  rear  pressure  bulkhead*^' 

DBAA  has  installed  a  GLARE®  dome  section  in  the  rear  pressure 
bulkhead  in  its  certification  testarticle  for  the  A-330.  This  part  is  rather 
complex  because  of  its  double  curvature  as  well  as  the  application  of 
the  so-called  splicing  concept'^'.  The  latter  one  is  developed  by  SLC  to 
avoid  the  problem  of  limited  aluminum  width.  The  application  of  this 
concept  effectively  results  in  theoretically  an  unlimited  sheet  width 
capability.  It  turns  out  that  the  available  autoclave  and  pretreatment 
equipment  are  the  only  dimensional  constraints. 

Consequently,  the  rear  pressure  bulkhead  has  a  reduced  number  of 
parts,  i.e.  less  number  of  bulkhead  sections  and  also  no  Ti- 
crackstoppers  and  less  number  of  stringers. 

Compared  to  the  standard  aluminum  bulkhead  the  GLARE®  bulkhead 
offers  more  than  25%  weightreduction.  Furthermore  the  damage 
tolerance  ^  test  shows  that  the  GLARE®  bulkhead  has  almost  no 
crackgrowth  at  all  (Fig.  3).  It  also  clearly  shows  the  fast  crackgrowth  in 
the  aluminum  part,  as  well  as  the  temporary  crackstop  capability  of  the 
Ti-strap  and  a  GLARE®  strap. 


Fig.  3  Fatigue  crackgrowth  in  the  A-330  rear  pressure  bulkhead'^* 
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While  this  part  has  difficult  access  and  therefore  is  hard  to  inspect,  it 
can  be  understood  that  the  damage  tolerance  behaviour  of  the  GLARE® 
bulkhead  will  have  a  significant  positive  impact  on  operational 
performance  and  cost. 

Lear  45  radome  front  bulkhead  in  GLARE®*®’ 

Extensive  testing  of  GLARE®  justified  its  good  impact  performance. 
In  a  research  program  between  Shorts  Brothers  and  SLC’  ’  is  shown  that 
GLARE®  is  outperforming  all  other  considered  options,  i.e.  aluminum 
alloys  and  composites,  glass  as  well  as  graphite.  This  resulted  in  a  low 
weight  and  low  cost  application  for  the  radome  front  bulkhead  of  the 
Lear  45.  Fig.  4  shows  the  GLARE®  component  after  the  bird  impact 
test. 


Fig.  4  GLARE®  radome  front  bulkhead  test’®’ 
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Workshop  properties  of  GLARE® 

Extensive  research,  especially  at  Delft  University  and  at  several 
OEM's,  makes  clear  that  GLARE®  can  be  machined  almost  equally  to 
aluminum  alloys.  In  certain  cases  some  adjusted  tooling  is 
recommended.  Workshop  experience  showed  that  the  learning  process 
is  simple  and  fast.  It  turns  out  that  GLARE®  can  be  easily  drilled,  milled, 
sheared  and  waterjet  cutted.  Forming  of  GLARE®  has  Some  limitation, 
due  to  the  elongation  of  the  fibres.  Also  springback  angles  after  forming 
are  different  compared  to  aluminum  alloys.  However,  like  machining,  the 
learning  process  is  simple  and  fast.  Even  very  complex  parts  can  be 
made,  which  is,  among  others,  demonstrated  by  Aerospatiale 
performing  a  stretch  formed  GLARE®  cockpit  crown  (Fig.  5). 


(Courtesy  Aerospatiale) 

The  nature  of  GLARE®  allows  for  shapes  not  possible  or  very  difficult 
to  achieve  with  aluminum  alloys. 

The  layered  concept  of  GLARE®  applied  in  a  complex  tool  creates 
components  not  (easy)  achievable  in  aluminum  alloys  (thickparts,  AS 
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cockpit  crown,  etc.).  It  is  obvious  that  this  aspect  can  reduce  the  cost 
of  a  component/part  significantly. 

Cost  of  GLARE®  components 

It  is  clear  that  due  to  the  nature  of  the  product,  GLARE®  is  more 
expensive  per  unit  area  compared  to  aluminum  alloys.  However,  as  is 
mentioned  in  the  section  above,  the  characteristics  of  GLARE®  makes  it 
possible  to  reduce  the  cost  ratio  significantly.  Moreover,  recent  studies 
and  analyses  indicate  that  with  proper  design  and  production  methods 
even  cost  reduction  is  possible.  Important  elements  in  this  process  are 
weight  reduction,  buy/flight  ratio,  simplified  components  and  reduction 
of  parts.  In  the  previous  sections  some  of  these  aspects  have  been 
addressed.  Part  reduction  in  fuselages  and  bulkhead  by  eliminating  the 
Ti-straps  is  one  aspect  to  obtain  cost  minimization.  Less  number  of 
longitudinal  lapjoints  through  the  splicing  concept  is  another  significant 
cost  reduction  factor  for  fuselage  sections.  Simplification  of  parts  can 
be  achieved  a.o.  by  deleting  the  thickness  steps  at  joints  and  stringers. 
Finally  it  turns  out  that  the  buy/fly  ratio  of  GLARE®  fuselage 
components  is  more  than  a  factor  two  less  compared  to  their  aluminum 
counterparts.  This  means  that  more  than  twice  the  amount  of  material 
is  required  for  the  aluminum  part  compared  to  the  GLARE®  part.  Taking 
into  account  these  factors  combined  with  usage  of  the  specific  GLARE® 
characteristics  into  the  production  process  can  result  in  the  above 
mentioned  cost  savings. 

Conclusions 

It  is  clear  that  GLARE®  offers  significant  weight  reduction  for  primary 
aircraft  structures.  Weight  savings  in  the  range  of  15%  -  25%  are 
possible. 

Moreover,  extensive  testing  by  several  institutes  as  well  as  OEM's, 
including  flight  evaluation,  show  that  the  application  of  GLARE®  will 
enhance  the  structural  integrity  of  the  aircraft  and  on  top  of  that  can 
improve  the  safety  of  the  crew  and  passengers. 

Finally  it  can  be  concluded  that  these  benefits  can  be  achieved  at 
relative  small  cost  increase  or  for  certain  components,  with  proper  use 
of  the  characteristics  even  cost  reduction  can  be  obtained. 
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Abstract 

Damage  tolerance  analysis  relies  on  Fracture  Mechanics  design  tools,  and 
among  these  the  methods  for  crack  growth  analysis  have  an  outstanding 
relevance.  Considerable  efforts  have  been  dedicated  in  the  last  decades  to  the 
development  of  models,  at  first  of  a  rather  semi-empirical  character,  later  on 
grounded  on  more  physical  basis,  to  explain  the  interactions  between  load  cycles 
of  different  amplitude.  From  this  point  of  view,  the  closure  phenomenon  is 
unanimously  considered  by  the  scientific  community  as  the  most  important  in 
explaining  the  various  effects  that  may  be  present  in  a  crack  propagation  process 
under  variable  amplitude  loading.  The  paper  analyses  the  main  models, 
commonly  used  by  the  aircraft  community,  on  the  basis  of  the  comparison  of  the 
predictions  with  experimental  results  which  have  been  specifically  generated  in  a 
research  program  carried  out  at  the  Department  of  Aerospace  Engng.  of  Pisa. 
Flight-by-flight  load  spectra  have  been  used,  of  the  gust  dominated  type,  as  well 
as  simple  Variable  Amplitude  sequences  (overload,  underload,  ..).  The  2024 
aluminium  alloy  has  been  used,  with  two  thicknesses:  2.54  mm  in  the  T3 
condition  and  12.5  mm  in  the  T351  condition.  Some  results  have  already  been 
presented  elsewhere,  while  others,  e.g.  those  relevant  to  the  plate  material,  have 
never  been  presented  before.  The  paper  discusses  the  performance  of  various 
models,  with  emphasis  on  the  semi-empirical  and  analytical  crack  closure 
models,  giving  also  indications  about  the  spectrum  sensitivity  of  the  various 
models. 


A  copy  of  the  view-graphs  of  the  presentation  is  reported  in  the 
following.  Particular  care  has  been  taken  in  keeping  the  information  as  clear  as 
possible.  The  paper  presents  the  results  of  a  research  program  that  has  been 
going  on  at  the  Department  of  Aerospace  Engineering  of  Pisa  since  mid  1992 


and  consequently  some  of  the  results  have  alr^sady  been  presented  in  two 
previous  Conferences.  Therefore,  the  reader  can  find  more  details  of  the 
research  in: 

A.  Salvetti,  L.  Lazzeri,  A.  Pieracci:  "An  assessment  of  fatigue  crack  growth 
prediction  models  for  aerospace  structures",  in  AGARD  Report  797  Sept 
1993.  ’ 

L.  Lazzeri,  A.  Pieracci,  A.  Salvetti:  "An  evaluation  of  fatigue  crack  growth 
prediction  methods  used  in  aircraft  design",  in  'Estimation,  enhancement  and 
control  of  aircraft  fatigue  performance'.  Proceedings  of  the  18th  ICAF 
Symposium,  pp.  615-645,  EMAS  publ.,  1995. 
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-  MULTIPLE  OVERLOAD  EFFECT 
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EXPERIMENTAL  PROGRAM 
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Lower  Wing  Disassembly  and  Inspection  Results  of  Two 
High  Time  USAF  B707  Aircraft 


Joe  Luzar  * 

Senior  Specialist  Engineer  -  Durability  &  Damage  Tolerance 
Boeing  Defense  &  Space  Group  -  Product  Support  Division 
Wichita,  Kansas 


Anthony  Hug  * 

Principle  Engineer  -  Materials  and  Processes  Technology 
Boeing  Commercial  Airplane  Group 
Wichita,  Kansas 


Summary 

This  study  assessed  the  extent  of  cracking  and  corrosion  damage  in  typical  B707- 
100  and  -300  lower  wing  aircraft  structure  in  support  of  a  USAF  risk  assessment 
of  the  lower  wing  structure  of  the  E-8C  Joint  STARS  aircraft.  High  stressed  areas 
along  the  front  and  rear  spars,  near  the  main  landing  gear  fittings,  and  at  the 
WS360  chordwise  wing  splice  joint  were  specifically  excluded  as  these  areas  are 
subject  to  existing  service  bulletin  inspection/rework  requirements  and  are  not 
“typical”.  Lower  wing  skin  panels  (2024  clad  aluminum)  and  stringers  (7075  clad 
aluminum)  from  two  retired  USAF  B707  aircraft  were  disassembled,  paint 
stripped,  etched,  and  inspected.  All  occurrences  of  cracking  and  corrosion 
damage  were  documented.  The  cracking  data  was  further  analyzed  to  yield 
histograms  of  equivalent  single  comer  crack  sizes. 

All  wing  skin  and  stringer  fastener  holes  were  inspected  with  a  20x  optical 
microscope  and  crack  indications  were  found  in  2631  fastener  holes.  A  small 
sampling  of  crack  indications  were  metallurgically  examined  to  characterize  the 
through  thickness  extent  of  cracking.  Stress  intensity  factors  were  calculated  for 
each  actual  stringer  crack  indication  site  and  used  to  calculate  equivalent  single 
comer  crack  sizes  in  an  assumed  analytical  geometry.  Resulting  histograms  of 
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stringer  cracking  occurrences  verses  equivalent  single  comer  crack  size  are 
reported  for  each  aircraft. 


Background 

The  United  States  Air  Force  is  converting  retired  B707  aircraft  into  E-8C  Joint 
STARS  aircraft.  At  the  time  of  conversion,  the  select  aircraft  have  logged 
approximately  40000  to  65000  flight  hours  and  17000  to  22000  cycles.  Cracking 
and  corrosion  data  from  this  task  will  support  a  USAF  risk  assessment  of  the 
lower  wing  stmeture  of  the  E-8C  Joint  STARS  aircraft.  Teardown  inspection  data 
was  obtained  from  select  lower  wing  sections  cut  from  two  B707  aircraft  having 
the  same  or  similar  lower  wing  structure.  Left-hand  lower  wing  sections  from 
aircraft  CZ-180  (B707-123,  s/n  #17635,  line  #15,  78416  flight  hours,  36359 
cycles)  and  aircraft  CZ-184  (B707-321B,  s/n  #19266,  line  #531,  57382  flight 
hours,  22533  cycles)  were  inspected.  (Note,  the  respective  CZ  numbers  were  the 
then  current  USAF  designated  airframe  identification  numbers  and  will  be  used 
throughout  this  paper.).  Aircraft  CZ-180  was  selected  as  being  the  highest  time 
B707  aircraft  available  for  disassembly  and  aircraft  CZ-184  was  selected  as  being 
a  same  model  with  similar  flight  hours  as  the  current  E-8C  fleet.  The  as-received 
panels  were  trimmed  to  remove  areas  not  to  be  inspected  resulting  in  the  final 
disassembly  and  inspection  sections  shown  in  Figures  la  and  lb. 


Disassembly  and  Inspection  Procedure 

The  seven  as-received  sections  were  photographed  to  document  the  initial 
configuration  and  to  aid  parts  identification  after  disassembly.  Each  section  was 
completely  disassembled  and  each  component  vibro-engraved  with  an  identifying 
tracking  number.  When  required,  components  were  cut  into  smaller  pieces  for 
subsequent  processing.  All  components  were  stripped  of  sealant  and  paint,  etched 
with  sodium  hydroxide  to  remove  approximately  0.0002  inch  of  surface  material 
to  enhance  visual  detection  capabilities,  and  deoxidized. 

All  fastener  holes  were  visually  inspected  with  a  20x  wide  field  hand  held 
microscope.  Crack  indications  having  fatigue  crack  characteristics  and  surface 
lengths  greater  than  0.01  inch  were  recorded.  Surface  lengths  were  measured 
directly  from  the  microscope  scale  to  the  nearest  0.005  inch.  Down  hole  lengths 
were  estimated  using  the  microscope  scale  as  a  reference.  The  types  of  crack 
indications  found  included; 
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1)  Hole  wall  indications  which  did  not  reach  either  end  of  the  hole. 

2)  Hole  edge  indications  with  dimensions  in  the  hole  and  on  one  surface. 

3)  Through  thickness  indications. 

4)  Surface  indications  near  the  hole  but  not  extending  into  the  hole. 

5)  Indications  in  countersinks. 

Illustrations  of  the  types  of  crack  indications  found  and  associated  descriptive 
codes  used  to  characterize  the  crack  indications  are  summarized  in  Figure  2. 

Clock  position,  hole  diameter,  and  part  thickness  were  recorded  for  all  crack 
indications.  Clock  position  for  most  indications  were  determined  using  12:00 
o’clock  forward  perpendicular  to  the  stiffeners  and  3:00  o’clock  inboard  parallel 
to  the  stiffeners.  On  vertical  surfaces,  12:00  o’clock  is  up  and  3:00  o  clock  is 
inboard  or  forward  when  viewed  looking  forward  or  outboard  respectively. 

Total  flange  widths  and  short  ligament  hole  distances  (noted  as  edge  margin  m  the 
data  tables)  were  recorded  for  all  stiffener  crack  indications.  In  addition,  the 
flange  half  width  (flange  edge  to  web  center  line)  was  recorded  for  holes  with 
cracks  in  unsymmetric  sections. 

Additional  qualitative  information  describing  the  location  and  extent  of  hole  wall 
crack  indications  were  recorded  as  “Field  Bias”  and  “Field  Vert.  Size”.  Field  Bias 
data  indicates  where  in  the  hole  wall  the  inspector  observes  most  the  crack 
indications.  The  codes  are  T  =  top,  M  =  middle,  or  B  =  bottom  of  the  hole.  Field 
Vert  Size  data  indicates  the  extent  of  crack  indications  in  the  hole  wall  and  is 
presented  as  a  percentage  of  the  overall  hole  wall  thickness.  This  information  was 
useful  in  subsequent  analysis  to  categorize  the  typical  presence  of  many  hole  wall 
crack  indications  as  a  single  or  double  embedded,  comer,  or  through-thickness 

cracks. 

Wing  skin  hole  crack  indications  are  also  cross  referenced  to  the  corresponding 
stringer  hole  where  applicable. 

Example  data  for  wing  skin  and  stiffener  crack  indications  are  presented  in 
Figures  3a  and  3b. 

The  locations  of  wing  skin  fastener  holes  with  crack  indications  were  marked  on 
the  skin  panels  and  photographs  taken.  For  stiffeners  and  other  internal  stmcture 


common  to  the  wing  skin,  the  hole  locations  of  crack  indications  common  to  the 
wing  skin  were  marked  on  the  skin  panels  and  photographed  a  second  time. 


All  surfaces  of  the  wing  components  were  visually  examined  for  corrosion 
damage.  Some  of  the  larger  areas  of  corrosion  damage  were  marked  on  the 
individual  components  and  photographs  taken.  Skin  panel  corrosion  damage 
areas  were  marked  and  photographed  at  the  same  time  as  the  panels  were 
photographed  to  document  cracked  hole  data.  When  corrosion  damage  was  local 
or  less  than  severe,  a  written  description  of  it  was  reported  including  extent  and 
depth.  Metallographic  cross  section  examinations  were  performed  on  some  of  the 
rnoie  severe  corrosion  damage  areas  and  reported.  Corrosion  damage 
quantification  follows  the  same  descriptions  as  prior  teardowns  and  inspections 
with  light  corrosion  being  defined  as  penetration  depths  less  than  0.001  inch, 
moderate  corrosion  between  0.001  and  0.010  inch,  and  severe  corrosion  greater 
than  0.010  inch. 

A  representative  photograph  of  a  skin  panel  exhibiting  skin  hole  crack  indications 
and  corrosion  damage  is  presented  in  Figure  4a.  The  same  skin  panel  remarked 
with  stringer  hole  crack  indication  data  is  presented  in  Figure  4b. 


Disassembly  and  Inspection  Results 


Fatigue  Cracks 

Crack  indications  with  the  typical  characteristics  of  fatigue  cracking  were 
identified  and  described  at  a  total  of  263 1  hole  locations  in  the  inspected  structure. 
The  majority  of  crack  indications  were  detected  in  the  stiffeners  rather  than  the 
skin  (1675  vs  869).  As  expected,  crack  indications  were  observed  more 
frequently  at  holes  common  to  the  wing  skin  spanwise  splice  stiffeners  (ie  S4,  S8, 
SI 4,  and  SI  8)  and  the  heavy  spanwise  stiffeners  on  either  side  of  the  wing  access 
holes  (ie  S5  and  S7).  In  addition,  the  majority  of  crack  indications  were  found  in 
the  high  stress  areas  in  and  around  S4  to  S8  with  diminishing  occurrences  forward 
of  S8  or  aft  of  S4.  The  larger  number  of  crack  indications  found  in  CZ-184  is 
attributed  to  inspecting  a  larger  portion  of  the  wing  relative  to  CZ-180  and  not  to 
any  differences  of  usage,  wing  loads,  or  flight  history.  The  fatigue  crack 
indication  totals  by  airplane,  section,  and  component  are  summarized  in  Figure  5. 


The  largest  stiffener  cracks  found  are  presented  in  Figure  6  and  Figures  7a  thru  7c. 
The  largest  crack  of  the  three  was  found  in  the  splice  stiffener  S8  of  the  high  time 
aircraft.  Two  of  these  three  cracks  initiated  from  a  fastener  hole  common  to  the 
stiffener  base  flange  and  wing  skin  while  the  third  crack  initiated  from  a  stiffener 
web  drain  hole. 

The  longest  fatigue  crack  in  the  wing  skin  was  common  to  stiffener  S6,  Section  5 
of  CZ-184  and  shown  in  Figure  8.  The  crack  had  a  length  of  0.28  inch  on  one 
side  of  the  hole  and  a  total  length  of  0.77  inch  including  the  0.31  inch  hole 
diameter. 

The  inspection  results  showed  that  cracked  holes  tended  to  be  grouped  together  in 
various  locations  of  the  structure.  It  was  also  common  for  both  skin  and  stiffener 
to  be  cracked  at  the  same  fastener  location.  Of  the  869  wing  skin  fastener  holes 
with  crack  indications,  519  fastener  locations  also  had  crack  indications  in  the 
mating  stringers. 

Another  characteristic  was  that  the  crack  indications  almost  always  occurred  in 
multiples.  The  most  common  crack  description  in  the  tables  was  MHWC  - 
multiple  hole  wall  cracks.  In  most  cases  this  description  did  not  mean  two  or 
three  or  even  ten  indications  but  more  like  dozens  of  individual  indications  (ref. 
Figure  9a). 

Most  of  the  stiffener  crack  indications  occurred  in  the  skin  attach  flange  holes  but 
there  were  groups  of  stiffener  web  holes  that  had  some  of  the  longer  indications. 
These  were  web  holes  that  served  as  fuel  dam  attach  holes  or  fuel  drain  holes.  A 
total  of  40  of  these  holes  were  identified  with  crack  indications  (34  in  CZ-180  and 
6  in  CZ-184).  The  stiffener  free  flange  rib  attach  holes  were  cracked  at  6  scattered 
locations  throughout  the  inspected  structure. 

Opening  select  fastener  holes  to  observe  the  extent  of  through  thickness  cracking 
confirmed  that  the  cracks  were  due  to  fatigue.  Direct  observation  also  confirmed 
the  presence  of  multiple  initiation  sites  at  almost  all  of  the  opened  holes  and  also 
confirmed  previously  observed  surface  crack  length  dimensions.  When  there 
were  large  numbers  of  small  cracks  partially  grown  together  to  form  larger  cracks 
either  as  hole  wall  cracks,  hole  wall  with  edge  cracks,  or  as  surface  cracks,  it  was 
more  difficult  to  characterize  cracking  and  estimate  depths.  Typical  examples  of 
multiple  hole  cracks  that  have  partially  grown  together  and  multiple  surface 
cracks  are  shown  in  Figures  9a  and  9b.  These  examples  show  the  difficulty  in 
exactly  characterizing  the  extent  of  cracking. 
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Corrosion  Damage 

Scattered  areas  of  severe  corrosion  damage  were  identified  on  all  examined 
sections  except  Section  4/3  from  CZ-180  which  only  had  moderate  corrosion 
damage.  The  most  extensive  severe  corrosion  occurred  on  Sections  1,  2,  and  5  of 
CZ-184.  The  most  numerous  areas  of  corrosion  damage  on  the  skin  exterior 
occurred  around  the  countersink  edge  of  fastener  holes  which  contained  steel 
fasteners.  All  of  these  fastener  holes  had  some  corrosion  and  a  large  percentage 
of  them  had  “typical”  amounts  comparable  to  that  shown  in  Figure  10a.  Figure 
10a  shows  a  countersink  cross  section  of  a  fastener  hole  which  held  a  steel 
fastener.  The  photograph  shows  pitting  in  the  countersink  and  initial  stages  of 
exfoliation.  The  exfoliation  is  0.007  inch  deep  and  extends  0.12  inch  from  the 
edge  of  the  countersink.  The  most  severe  corrosion  of  this  type  is  shown  in 
Figure  10b.  Very  few  other  holes,  if  any,  had  comparable  corrosion  in  the 
countersink  area. 


Engineering  Data  Reduction  and  Analysis 

Engineering  reduction  of  the  site  specific  inspection  data  was  simplified  by  using 
typical  cross  section  stringer/skin  geometry.  The  analysis  geometry  was  of 
stringers  S7,  S8,  and  S9,  and  the  lower  wing  skin  inboard  of  the  chordwise  splice 
joint  at  Wing  Station  360  as  shown  in  Figure  11.  This  geometry  is  representative 
of  typical  structure  and  is  located  in  a  fairly  uniform  gromid-air-ground  stress 
area.  Skin  and  stringer  material  callouts  and  plane  stress  fracture  toughness 
values  are  noted.  Stringer  S7  is  typical  of  stringers  S5  and  S7  which  are  on  either 
side  of  the  access  panel  row.  Stringer  S8  is  typical  of  skin  splice  stringers  at  S4, 
S8,  S14,  and  S18.  Stringer  S9  is  typical  of  all  other  stringers. 

Stringer  crack  indication  inspection  data  from  both  aircraft  was  reduced  to 
equivalent  single  comer  cracks  in  the  analytical  geometry  (Figure  11)  based  on 
equivalent  stress  intensity  factors.  The  inspection  data  was  first  characterized  as 
being  either  single  or  double,  comer,  embedded  or  through  thickness  and  a 
resulting  stress  intensity  value  calculated  based  on  actual  geometry.  The  resulting 
stress  intensity  value  was  then  used  to  back-calculate  the  equivalent  single  comer 
crack  size  in  the  analytical  geometry.  A  total  of  1653  stringer  crack  indications 
out  of  1675  reported  were  evaluated  with  this  process.  The  difference  of  22  crack 
indications  represented  unique  configuration  details  that  were  not  typical  of  the 
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general  structure  and  were  excluded.  All  splice  stringer  data  was  equivalenced  to 

58  (1258  holes).  All  data  from  stringers  adjacent  to  the  access  holes  was 
equivalenced  to  S7  (308  holes).  And  all  other  stringer  data  was  equivalenced  to 

59  (87  holes). 

Histogram  plots  of  occurrence  frequency  and  cumulative  percentages  versus 
equivalent  single  comer  crack  sizes  for  each  analysis  stringer  (S7,  S8,  and  S9)  are 
presented  in  Figures  12a,  12b,  and  12c  and  again  (reduced  scale)  in  Figures  13a, 
13b,  and  13c. 
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Figure  la:  CZ-180  (B707-123)  Lower  Wing  Teardown  and  Inspection  Sections 


Figure  lb:  CZ-184  (B707-321B)  Lower  Wing  Teardown  and  Insp  ection  Sections 


The  crack  description  code  in  the  tabies  utilizes 
the  following  abbreviations; 


A -aft 


C  -  crack(s) 


E  -  edge 


F  -  forward 


H  -  hole 


K  -  countersink 


L  -  lower 


M  -  multiple 


S  -  surface 


T  -  thru  thickness 


U -  upper 


W-wall 


CRACK  1/ 

DESCRIPTION  CODE 


HWC 


USEC 


TC 


MUSC 


KC 


EXAMPLES 


CRACK 

DIMENSIONS  (INCH 


21 


3 


M  precedes  code  for  multiple  c 
Dimension  shown  is  maximur 

racks, 
n  individual 

crack  axial  length  in  hole  bore. 

First  dimension  is  maximun 

^  individual 

crack  axial  length  in  hole  bore.  Second 

dimension  shown  is  maximum  individual 

crack  surface  radial  length  from  the  hole 

Dimension  shown  is  maximum  individual 


crack  radial  length. 


First  dimension  shown  is  maximum 


individual  crack  surface  length.  Second 


dimensions  are  minimum/maximum  radial 


distance  of  crack(s)  from  hole  edge. 


Dimension  shown  is  maximum  individual 
crack  lenath  in  countersink  surface. 


Hole  No. 

Crack  Clock 
Position 

Crack 

Description 

Code 

Crack 

Dimensions 

(inch) 

Field  Bias 

Field  Vert. 
Size  (%  t) 

Hole 

Diameter 

(inch) 

Part 

Thickness 

(inch) 

Stiffener 
Hole  No. 

MUSEC 

nxjiHjxiiin 

0.50 

0.64 

MHWC 

TM 

IHI 

MHWC 

TB 

2 

1 

USEC 

0.020-0.020 

0.50 

0.64 

- 

3 

HBH 

MHWC 

0.020 

T 

15 

0.37 

0.63 

- 

4 

MHWC 

M 

10 

0.50 

0.63 

. 

MHWC 

T 

20 

5 

MHWC 

5 

0.50 

0.63 

_ 

MHWC 

HH, 

20 

MHWC 

0.010 

TM 

20 

0.50 

0.63 

- 

HIH 

MUSEC 

0.015-0.015 

MHWC 

0.030 

T 

20 

7 

12 

USEC 

0.07-0.02 

0.37 

0.31 

6 

Figure  3a:  Example  Lower  Wing  Skin  Crack  Indication  Inspection  Data 


Hole  No. 

Crack 

Clock 

Position 

Crack 

Description 

Code 

Crack 

Dimensions 

(inch) 

Field  Bias 

Field 
Vert.  Size 
(%  t) 

Hole 

Diameter 

(inch) 

Part 

Thickness 

(inch) 

Flange 

Width 

(inch) 

Edge 

Margin 

(inch) 

Stiffener  1 

1 

3-4 

MLSC 

.08-.01/.03 

0.31 

0.30 

1.45 

0.49 

Stiffener  3 

2* 

6 

6 

FSEC 

MHWC 

0.05-0.05 

0.06 

F 

30 

0.25 

0.21 

Stiffener  4 

3 

12 

HWC 

0.02 

B 

5 

0.38 

0.75/0.51 

6.20 

1.36 

4 

12 

5-7 

MHWC 

MLSC 

0.02 

B 

5 

0.38 

0.51 

6.20 

2.07 

5 

12 

MLSEC 

.05-0/.  18 

0.38 

0.51 

6.20 

1.41 

*  Cracking  is  at  a  drain  ho! 

e  in  the  stil 

'fener  web 

Figure  3b:  Example  Lower  Wing  Stringer  Crack  Indication  Inspection  Data 
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Figure  4a:  Wing  Skin  Hole  Crack  Indication  Locations 


Figure  4b:  Stiffener  Hole  Crack  Indication  Locations 


Component 


atS4 


at  S5 


atS7 


atS8 


atS14 


at  SI 8 


Other 


Sub-Totals 


Number  of  Fastener  Holes  with  Crack  Indications 

cz-180  cz:i84 

Sections  _ _ Sections _ _ 

2/3  I  4/3  i  2  3  4  5 


All 

Sections 


STIFFENERS 

S4 


S5 


S7 


S8 


S14 


S18 


Others 


Sub-Totals 


Other 


Components _ 

Grand  Totair~  403  313  155  |  382  |  489  |  5^  |  332  I  2631 

Airplane  Totals  _ 7  6 _  ^ _ _ I _ _ 

Figure  5:  Fatigue  Crack  Summary  by  Airplane,  Section,  and  Component 


Stiffener 


Crack  Length 
(inch) 

Hole  ID 
Number 

Airplane  and 
Section  ID 

Photograph 

2.38 

37 

CZ-180,  4/3 

Figure  7a 

1.44 

65 

CZ-184,  3 

Figure  7b 

0.42+,  0.84 

32 

CZ-180,  4/3 

Figure  7c 

Figure  6;  Largest  Stiffener  Fatigue  Cracks  Found 
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Figure  7a;  CZ-180,  Stiffener  S8,  Hole  37,  Base  Flange  Crack 


Figure  7b:  CZ-184,  Stiffener  S7,  Hole  65,  Base  Flange  Crack 


Figure  7c:  CZ-180,  Stiffener  S9,  Hole  32,  Web  Drain  Hole  Crack 
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Figure  8:  Largest  Skin  Crack,  Hole  26,  Section  5,  CZ-184 


Figure  9a:  Multiple  Hole  Wall  Crack  Pattern  and  Extent  after  Opening 
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Figure  10b;  Severe  Wing  Skin  Countersink  Degree  and  Extent  of  Corrosion 
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MATERIAL: 
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Figure  11:  Typical  Stringer  Lower  Wing  Skin  Cross  Section  Inboard  of  Wing  Station  360 

(NO  SCALE) 


S7  Equivalent  Single  Corner  Crack  Size,  inch 
All  Inspsctlon  Data  of  Similar  Stringers  (S5,  S7) 
CZ180  ■  7  Fastener  Holes,  CZ184  •  301  FastenerHotes 


E 

1 

1 

1 

1 

1 

1 

1 

i 

■ 

■ 

1 

1 

■ 

II 

P  100.00% 

s 

1 

1 

1 

1 

1 

1 

1 

1 

1 

nn  nnoA 

‘ 

f 

1 

1 

1 

1 

70  onoA 

1 

1 

1 

on  00% 

1- 

/' 

50  00% 

1 

1 

40  00% 

H 

1 

1 

30.00% 

1] 

I 

1 

1 

?0  00% 

ri 

1 

J 

II 

1 

10  00% 

L 

■ 

■1 

■ 

■ 

m 

m 

■ 

■ 

i 

/• 

.OC 

II 

■ 

i 

0.050 

S 

U 

lAI 

D.1 

m 

00 

M 

a 

1 

i 

1 

1 

1 

JL 

rl 

32 

ih 

00 

J 

tu 

J 

I 

3.2 

50 

71 

uU 

li 

3.30 

0 

8 

1 

1 

50 

1 

1 

I 

m 

1 

D.4 

1 

1 

k  .00% 

00 

single  Corner  Crack  Size,  Inch 


CZ180  Frequency 


_ CZ1 84  Frequency _ CZ180  Cumulatire  %  _ CZ1 84  Cumulative  % 


Figure  12a 


S7  Equivalent  Single  Corner  Crack  Size,  inch 


All  Inspection  Data  of  Similar  Stringers  (S5,  S7) 
CZ180  •  7  Fastener  Holes,  CZ184  •  301  Fastener  Holes 
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Figure  13a 


S8  Equivalent  Single  Corner  Crack  Size,  inch 

All  Inspection  Data  of  Similar  Splice  Stringers  (S4,  S8,  S14,  S18) 
CZ1S0  -  93S  Fttltner  HolM,  CZ1S4  ■  S22  FMMntr  Hole! 
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Figure  12b 


S8  Equivalent  Single  Corner  Crack  Size,  inch 

All  InspecUon  Data  of  Similar  Splice  Stringers<S4,  S8,  S14,  S18) 
CZtSO  -  33S  FiltinarHoKt,  CZISS  -  S22  Faitener  Hotel 
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Figure  13b 


S9  Equivalent  Single  Corner  Crack  Size,  inch 


All  Inspection  Data  of  Other  Stringers 
CZ180  •  42  FastanerHoiet,  CZ184  -  46  Faataner  Holes 


Single  Corner  Crack  Size,  inch 
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Figure  12c 


S9  Equivaient  Single  Corner  Crack  Size,  inch 

All  Inspection  Data  of  Other  Stringers 
CZ180  •  42  Fastener  Holas,  CZ164  •  45  Fastener  Holes 


Single  Corner  Crack  Size,  inch 

CZ180  Frequency _ _ CZ184  Frequency _ CZ180  Cumulative  %  _ CZ184  Cumulative  % 


Figure  13c 
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Safe  operation  of  an  aging  aircraft  is  a  primary  concern  of  both  civilian 
and  military  operators.  This  presentation  gives  an  overview  of  one 
additional  tool  that  can  be  used  to  quantify,  or  at  least  to  relatively 
quantify,  safety.  This  presentation  will  be  built  around  our  experiences 
on  the  C-141,  but  the  lessons  and  tools  should  be  applicable  to  any 
aging  aircraft.  It  also  gives  a  historical  account  of  some  of  our  more 
important  analysis  with  a  discussion  of  the  methods  used  and,  in  hind 
sight,  lessons  learned.  It  has  been  most  useful  on  the  C-141  for 
selecting  practical  courses  of  action  for  solving  short  term  structural 
problems. 
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The  C-141A  was  produced  and  delivered  to  the  Air  Force  in  the  1960’s. 
The  aircraft  is  mostly  constructed  of  7075  T6  aluminum  alloys  and  was 
designed  for  30000  flight  hours  of  service.  Stretched  during  the  1 970s 
and  with  the  addition  of  aerial  refueling  capability  ,  this  C-141B 
configuration  became  the  work  horse  of  MAC.  Presently,  there  are 
218  C-141S  flying,  some  of  which  will  fly  into  the  21st  century.  The 
Force  is  currently  averaging  37500  damage  hours  and  the  present  goal 
is  45000  damage  hours  on  the  lower  surface  spanwise  splices. 


J 


530 


1 


As  the  above  slide  shows  the  C-141  is  reaching  the  end  of  its  useful 
life.  Because  of  this,  additional  tools  are  necessary  to  provide  effective 
and  safe  Force  Management.  One  of  these  tools  is  that  of  Risk 
Analysis  methodology. 
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This  slide  shows  the  major  risk  analyses  that  will  be  covered  during  this 
presentation.  There  have  been  others,  but  these  will  serve  to  illustrate 
the  things  that  caused  us  problems.  The  same  methodology  can  also 
be  applied  to  fuselage  structure,  but  our  emphasis  has  been  on  wings. 
So,  the  context  of  this  presentation  will  be  in  those  terms. 
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All  of  life  is  uncertain.  No  one  can  predict  the  future.  However,  it  is 
possible  to  make  calculations  about  certain  actions.  This  is  where  Risk 
becomes  useful.  In  the  17th  Century,  the  concept  was  beginning  to  be 
understood.  These  early  studies  were  the  forerunners  of  our  present 
methods  of  analysis. 

The  word  risk  is  derived  from  an  Italian  word  which  means  “To  Dare”. 
There  are  a  number  of  definitions  of  Risk.  However,  in  the  context  of 
the  C-141,  it  refers  to  the  probability  of  losing  a  major  component  or 
components  which  could  cause  catastrophic  failure,  it  does  not  refer  to 
uncertainty,  which  refers  to  the  probability  of  an  unknown  event 
happening.  It  is  concerned  only  with  the  fixed  engineering  probability 
calculations  of  things  which  could  happen  to  the  aircraft  while  flying 
standard  missions  and  usage. 

However,  it  is  not  as  exact  a  calculation  as  it  seems.  One  problem  is 
that  the  data  received  for  estimating  flight  hours,  inspections,  etc.,  is  not 
exact.  So,  in  addition  to  the  calculations,  judgments  must  be  made 
about  the  validity  of  the  answers. 
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Why  do  risk  analysis  when  the  slow  crack  growth  method  is  available 
for  managing  the  aircraft?  Suppose  that  statistical  analysis  of 
inspection  data  indicates  that  there  may  be  cracks  in  the  Force  that  are 
greater  than  the  critical  crack  length.  Then  the  question  is  what  do  we 
do?  In  most  cases  this  condition  has  existed  for  some  time  on  some 
aircraft.  If  the  answer  is  to  ground  aircraft,  then  which  aircraft  should 
be  grounded.  What  inspections  need  to  be  performed  and  when?  Will 
these  inspections  actually  decrease  the  risk?  Do  we  need  to  send  out 
filed  teams  for  a  special  inspection?  All  of  these  questions  can  be 
answered  to  some  degree  by  performing  a  risk  analysis. 
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Risk  Analysis 

Fatigue  Test  Failure 


This  shows  a  sketch  of  a  failure  on  the  right  wing  of  the  C-141 A  fatigue 
test  article  during  residual  strength  test  after  the  conclusion  of  118500 
cyclic  test  hours.  Behind  all  of  the  thoughts  about  risk  analysis  and 
catastrophic  failure  is  the  specimen  A  wing  test.  Even  though  this  was 
a  successful  test,  having  achieved  118500  cyclic  test  hours,  the  final 
failure  occurred  through  an  area  where  there  were  undiscovered 
cracks.  Also  note  that  these  were  at  the  end  of  a  large  metal  repair,  a 
condition  similar  to  that  on  many  aging  aircraft. 
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Risk  analysis  helps  us  to  make  decisions  about  what  Force 
management  actions  to  take.  A  possible  question  on  the  C-141  would 
be,  "What  is  the  risk  of  flying  beyond  45000  damage  hours?"  Another 
question  on  an  aging  aircraft  is  does  it  still  have  the  inherent  fail-safety 
that  stands  behind  the  slow  crack  growth  method. 
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Risk  Analysis 

What  Programs  are  Available 

Risky  -  Lincoln  -  AFMC/ASC/ENFS 
Prof  -  Behrens/Bums  -  Wright  Labs/UDRI 
SAIFE  -  Anderjaska  -  FAA 

I  In  House  programs  -  all  of  our  LMASC 
programs  are  based  on  the  methodology 
developed  by  Dr.  John  Lincoln  of  the 
Wright  Labs 


There  are  a  number  of  programs  available  for  doing  probabilistic 
analysis.  I’ve  listed  three  of  the  ones  at  which  we’ve  looked.  LMASC 
uses  the  methodology  that  was  developed  and  programmed  in  Risky  by 
Dr.  John  Lincoln  of  the  AFMC/ASC/ENFS.  Generally,  we  use  an  in 
house  program  called  DICE  which  runs  on  a  main  frame  IBM  system. 
Presently,  Risky  resides  on  the  a  VMS  VAX  system.  PROF  is  similar  to 
our  program  in  that  it  uses  almost  the  same  inputs,  but  uses  a  slightly 
different  method  of  inputting  the  loads.  SAIFE  is  a  comprehensive 
force  management  simulation  program  which  uses  Monte  Carlo 
sampling  to  determine  inspection  intervals.  We  used  the  Monte  Carlo 
method  when  generating  the  distributions  and  probabilities  of  failure  in 
one  of  our  first  analysis  attempts,  and  SAIFE  gave  some  insight  into 
this  method. 
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Crack  Distribution 


Residual  Strength 


Load  Exceedance 


The  above  slide  shows  in  graphic  form  most  of  the  resources  that  are 
needed  for  a  C-141  or  any  Risk  analysis.  Details  will  be  covered  in 
the  next  few  slides.  Two  of  the  above  resources  are  deterministic. 
The  others  have  a  degree  of  uncertainty  associated  within  themselves 
that  had  to  be  considered  in  judging  the  results  of  the  final  answers. 


This  shows  the  C-141  WS  405  finite  element  model  used  in  one  of  our 
Risk  Analyses.  A  model  with  this  level  of  similar  detail  is  probably 
required  to  perform  risk  studies.  This  model  was  originally  built  for 
analysis  related  to  a  composite  repair  program.  It  was  available  for  our 
Risk  studies,  and  we  were  able  to  modify  it  by  constructing  non-linear 
fastener  elements. 
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Crack  size  distributions  can  be  derived  from  field  inspection  data, 
teardown  results,  or  an  assumed  initial  flaw  distribution.  Field 
inspection  data  should  be  detailed,  providing  information  on  the  number 
of  sites  inspected,  the  size  and  direction  of  flaws,  and  the  flight  hours 
or  cycles  at  the  time  of  the  inspection.  In  general,  a  better  fit  to  a 
continuous  distribution  (Weibull,  log-normal,  etc.)  will  be  obtained  if  the 
flaws  are  grouped  by  location  and  direction.  All  flaws  should  also  be 
adjusted  to  a  particular  baseline  flight  hour  value  using  the  mean  crack 
growth  curve.  Now  having  said  that,  it  is  a  well  known  fact  that  field 
data  will  not  be  this  complete.  The  data  will  be  grouped  around  certain 
lengths,  but  crack  depths  will  not  be  available  and  so  on.  An  example 
of  this  can  be  seen  in  the  crack  data  obtained  from  an  inspection  of  the 
beam  cap  later. 
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Risk 

Residual  Strength 


The  residual  strength  of  the  affected  components  is  required  for  both 
the  primary  structure  and  the  alternate  load-path  structure  after  the 
primary  has  failed.  Linear  fracture  mechanics  provides  accurate 
predictions  in  crack  range  where  the  plastic  radius  is  not  more  than 
10%  of  the  crack  length.  For  the  small  crack  range,  test  data  or 
Fedderson’s  method  have  been  used.  This  is  particularly  true  when 
determining  the  residual  strength  of  the  alternate  load-path  structure 
after  the  primary  failure,  as  it  usually  involves  yielding  and  large 
bearing  loads.  Non-linear  finite  element  models  are  necessary  to 
predict  the  net-section  stresses  that  can  be  compared  to  test  results  to 
determine  the  failing  stresses  of  small  cracks. 
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Risk 

Loads  vs  Probability 
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C-141  risk  analysis  has  typically  employed  two  approaches  to  obtain 
the  spectra  for  this  type  of  analysis.  One  of  these  methods  is  to  select 
the  worst  mission  of  the  Baseline  Missions  set  and  calculate  the  risk  for 
it.  The  second  method  is  to  pick  a  reasonable  time  of  usage  such  as 
between  RDM.  cycles  (6,000  hours).  Longer  intervals  are  more 
conservative,  but  may  be  unreasonable  for  the  short-term.  Assuming 
single  flight  stresses  for  “return-to-base"  or  fail-safe  capability  could  be 
unconservative,  there  can  often  be  wide  variations  in  stresses  on  a 
single  flight.  However,  the  idea  is  to  provide  the  risk  for  an  average 
aircraft  during  the  time  period  of  the  analysis.  Otherwise,  the  answer 
will  come  back  the  same  as  the  standard  deterministic  methods  of 
analysis.  During  our  initial  program  evaluation,  we  looked  at  an  in- 
house  program  that  gave  the  same  answers  as  the  slow  crack  growth 
method. 
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This  slide  shows  a  typical  crack  growth  curve  used  in  the  analysis.  This 
curve  is  sometimes  refered  to  as  the  Master  Crack  Growth  curve. 
We’ve  also  include  cartoons  which  represent  the  distributions  of  cracks 
at  points  A,  B,  C  and  D.  As  the  curve  extends  out  in  time,  the  standard 
deviation  also  increases  meaning  that  there  is  much  more  spread  in  the 
answers.  Typically,  for  our  analysis,  the  inspections  and  points  of 
interest  are  close  to  the  time  that  the  cracking  data  was  obtained.  A 
rule  of  thumb  used  by  other  disciplines  is  that  the  standard  deviation 
should  vary  as  the  square  root  of  time. 
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One  primary  objective  of  a  risk  analysis  is  the  determination  of  an 
inspection  interval  which  provides  adequate  safety  as  an  aircraft  ages. 
Inspection  data  must  be  in  the  form  of  a  POD  curve  which  reasonably 
describes  the  inspection  performance  under  field  conditions.  “Have 
Cracks”  data  has  generally  been  found  to  be  acceptable  for  existing 
methods.  Emerging  inspection  technologies  need  to  have  POD  curves 
developed  to  be  useful,  not  only  for  risk  analysis,  but  for  comparing 
NDI  methods. 
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The  above  graphic  portrays  the  method  by  which  the  Risk  is  calculated. 
However,  it  is  over  simplified  in  that  the  risk  is  not  the  area  of  the 
intersection,  but  rather  the  probability  of  the  load  exceeding  the 
strength  in  this  area.  However,  it  is  this  calculation  carried  out  at  points 
in  time  that  is  used  to  quantify  the  risk.  When  these  distributions 
standard,  the  answer  can  be  directly  calculated. 
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Risk  Analysis 

Failure  Sequences  or  Trees 
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This  slide  shows  a  typical  failure  tree  generated  for  the  WS  405  inner  to 
outer  wing  joint  on  the  C-141..  Our  first  analysis  attempts  did  not  take 
into  account  the  inherent  fail-safety  of  the  aircraft  and  were  overly 
conservative.  There  is  a  reliability  program  called  CAFTA  for 
generating  these  trees. 

The  total  risk  of  failure  in  redundant  structure  is  a  combination  of  single 
element  failures.  A  failure  tree  should  be  developed  that  takes  into 
account  as  many  possible  failure  paths.  However,  economics  and  time 
dictate  how  many  can  be  examined,  since  a  full  blown  analysis  has  to 
be  carried  out  for  each  of  the  above  blocks,  i.e.  FEM  runs,  crack 
growth,  probability  of  failure  calculations,  etc.  Dropping  conditional 
failure  modes  is  conservative,  but  often  not  realistic. 
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This  shows  the  center  wing  box.  Presently,  about  half  of  the  C-141 
Force  is  having  new  wing  boxes  installed.  At  the  time  of  this  original 
analysis  this  was  not  the  case.  Cracking  had  developed  in  the  area 
near  the  joint  on  one  of  the  early  wing  fatigue  tests,  and  a  fix  had  been 
incorporated  which  solved  the  problem  during  its  original  design  lifetime 
of  30000  hours.  However,  as  the  aircraft  passed  30000  damage 
hours,  cracking  again  began  to  develop  in  this  area. 

A  risk  analysis  was  conducted  as  a  point  of  interest  at  the  time.  It  was 
done  to  get  some  feel  for  the  magnitude  of  the  problem.  Subsequent 
analyses  of  this  area  have  incorporated  all  of  the  tools  developed  to 
date.  However,  it  is  interesting  to  look  back  at  this  analysis  and  see 
what  can  be  learned. 


j 


547 


This  shows  a  detail  of  the  joggle  area  and  points  of  associated 
cracking.  One  of  the  problems  associated  with  analyzing  this  area 
was  the  difficulty  in  obtaining  strength  values  in  the  tapering  area  which 
was  also  undergoing  bending  stresses.  The  area  is  typical  of  most 
integrally  stiffened  panel  construction.  The  panels  are  connected 
spanwise  and  cracks  in  adjacent  structure  may  mean  fail-safety  is  lost 
with  failure  of  the  first  panel.  This  was  the  major  concern  of  the  Air 
Force  and  LMASC. 

Summarizing  this  analysis: 

1 .  No  failure  trees  were  used  so  any  answers  were  overly  conservative. 

2.  Did  not  need  or  use  a  non-linear  model  since  second  panel  failure 
was  assumed  and  not  examined. 

3.  Very  few  cracking  sites  so  suspended  data  (sites  that  were  of  the 
same  type,  but  where  no  cracks  were  found)  was  not  a  problem. 

4.  Cut  the  strength  curve  off  at  80%  of  Ftu. 

5.  Did  use  PODs  from  "Have  Cracks" 
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This  slide  shows  the  results  of  inspections  carried  out  at  the  WS  405 
Rear  beam  area.  This  inspection  was  precipitated  by  the  discovery  of 
two  beam  caps  failed  in  this  area  on  force  aircraft.  The  risk  analysis  of 
the  WS  405  inner  to  outer  wing  joint  was  precipitated  by  these 
discoveries. 

The  original  risk  was  carried  out  in  the  same  fashion  as  the  center 
wing  risk  and  only  examined  failure  of  one  element.  This  gave  a  very 
conservative  answer  and  gave  no  insight  into  the  proper  procedures  to 
put  in  place  to  guarantee  the  safety  of  the  Force  until  repairs  could  be 
installed.  Out  of  this  came  the  need  to  produce  a  more  realistic 
analysis  which  would  take  into  account  the  fail-safety  of  the  joint. 

One  of  the  problems  with  analyzing  multi  element  structure  is  that  of 
analyzing  for  the  worst  case,  wherein  the  aircraft  will  theoretically  have 
to  be  grounded.  This  does  not  take  into  account  the  real  residual 
strength  of  the  structure.  Consequently,  decisions  are  often  made  on 
“gut”  feel,  since  the  worst  case  option  is  usually  rejected  when  it  does 
not  conform  to  reality,  especially  in  times  of  crisis.  However,  it  does 
relieve  the  analyst  of  any  supposed  responsibility.  The  failure  tree 
concept  gives  at  least  a  relative  idea  of  what  the  risk  really  is.  Note  the 
grouping  of  the  inspection  data. 


This  shows  the  results  of  additional  inspections  carried  out  after  the 
original  risk  analysis  was  concluded.  These  inspections  verified  the 
extent  of  cracking  that  had  been  hypothesized  by  the  distributions  used 
in  the  original  risk  analysis.  The  following  were  the  major  issues  in  this 
analysis. 

1 .  For  the  final  analysis,  non-linear  bolt  loads  were  used  in  the  Finite 
element  model.  Our  first  attempts  used  linear  loads  and  it  was  felt  that 
the  distribution  of  stresses  after  first  panel  failure  was  inaccurate. 

2.  The  worst  mission  of  the  average  missions  was  used  for  the 
exceedance  curves.  There  has  been  criticism  of  this  because  the 
projected  design  usage  did  not  show  that  this  particular  mission  was 
flown  that  often.  However,  force  usage  forms  indicated  that  there  was  a 
high  probability  of  this  mission  being  flown. 

3.  The  residual  strength  curve  for  the  small  cracks  region  was  closed 
out  by  straight  lining  the  data  form  80%  average  yield  stress  to  average 
yield  stress. 

4.  Suspensions  were  not  a  problem  since  the  number  of  replicates  was 
a  fairly  high  percentage  of  the  total  fasteners  involved. 

5.  The  POD  curves  were  obtained  from  the  50%  confidence  curve  of 
“Have  Cracks”. 
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The  weep  hole  problem  came  to  light  as  a  result  of  the  appearance  of 
large  cracks  on  six  aircraft.  This  prompted  a  teardown  of  a  C-141  wing 
on  a  high  damage  aircraft  (AC  66-0186).  This  data  was  then  used  to 
refine  the  original  Risk  calculations. 

The  risk  analysis  of  the  weep  holes  used  the  following  methodology: 

1 . 6000  Hour  spectra  which  was  equivalent  to  the  worst  mission. 

2.  A  linear  overall  model  and  several  detail  models  were  used  to 
calculate  the  fail-safe  stresses 

3.  Suspended  data  was  not  a  factor  since  such  a  large  number  of  the 
holes  were  cracked  and  inspection  data  was  of  superior  quality  since  it 
was  done  in  a  laboratory  type  environment. 

4.  The  Probability  of  Detection  data  was  taken  from  “Have  Cracks”  and 
was  based  on  the  50%  confidence  curve  in  this  report.  Additionally,  this 
data  was  semi  verified  since  it  was  possible  to  look  at  the  original  on 
aircraft  data  and  compare  it  to  the  lab  data  after  the  wing  was 
disassembled. 

5.  Failure  trees  were  used  and  consideration  was  given  to  the  effects  of 
repairs  on  the  risk. 

6.  A  teardown  of  a  high  damage  aircraft  confirmed  the  original  risk 
estimate 

This  analysis  resulted  in  a  force  wide  panel  replacement  and  Boron 
repair  program  to  ensure  the  operational  capability  of  the  C-141  Force. 
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Spanwise  splice  cracking  was  also  uncovered  during  the  teardown  of 
the  wing  of  aircraft  66-01 86.  This  cracking  caused  concerns  relating  to 
the  overall  fail  safety  of  the  wing  as  the  aircraft  neared  the  45000 
damage  hours  marking  the  end  of  its  lifetime.  Additionally,  when  the 
above  cracking  is  combined  with  repair  and  other  hot  spot  data,  it  drives 
concerns  about  what  the  real  safety  of  the  aircraft  is. 

Therefore  included  in  this  analysis  were  the  effects  of  spanwise  splice 
cracking,  repairs  and  pylon  attach  points. 
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This  shows  the  pylon  E  point.  This  area  was  included  because 
cracking  of  the  E  point  area  has  caused  complete  failures  of  wing 
panels  on  two  aircraft.  Inspection  of  the  adjacent  panel  revealed  no 
damage  in  the  spanwise  splices.  The  real  danger  to  the  spanwise 
splices  occurs  after  the  first  panel  failure  which  is  more  likely  to  be 
precipitated  by  other  stress  risers.  This  was  demonstrated  on  the 
Specimen  A  failure  picture  shown  earlier. 

The  analysis  of  the  spanwise  splices  brought  into  play  most  of  our 
methods.  This  included; 

1.  Failure  trees,  which  included  not  only  adjacent  panels,  but  also 
repairs  and  other  points  affecting  the  spanwise  splices. 

2.  Non-linear  model  combined  with  small  crack  test  data  for  the  fail-safe 
calculation. 

3.  Spectra  which  accounted  for  time  and  the  effect  of  flying  the  worst 
mission. 

4.  Used  "Have  Cracks"  PODs. 

5.  Suspensions  were  taken  into  account  to  give  an  apparent  initial  flaw 
distribution.  Suspensions  were  input  as  flight  hours  before  the 
distributions  were  turned. 


This  table  presents  the  different  levels  of  risk  in  graphical  form. 
Generally,  the  risk  of  a  major  accident  while  driving  to  and  from  work  is 
1 E-6  (1  in  a  million).  The  probability  of  a  fatal  accident  in  a  light  plane 
is  1E-5  (1  in  one  hundred  thousand).  For  safe  operations  of  military 
aircraft  the  risk  should  not  be  greater  than  1E-7  (1  in  ten  million).  When 
the  risk  starts  to  exceed  1E-6  (1  in  a  million),  consideration  should  be 
given  to  repair  or  replacement,  and  the  risk  can  only  exceed  1E-5  (1  in 
a  hundred  thousand)  for  a  very  short  period  of  time  (generally  the  time 
to  bring  corrective  action  to  closure). 
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Risk  Analysis 
Lessons  Learned 

•  Failure  Trees 

•  Need  for  better  POD  Data 

•  Non-Linear  Finite  Element  Models 

•  Small  Crack  Data 


THe  major  lessons  learned  are  as  follows: 

1.  For  multi  element  structure  it  is  imperative  to  look  at  the  overall 
probability  of  failure  to  get  an  accurate  estimation  of  the  Risk 

2.  There  is  a  need  for  better  and  more  accurate  POD  data,  not  only  for 
Risk  analysis,  but  also  to  be  used  in  determing  the  correct  detectable 
length  for  slow  crack  growth  methods. 

3.  To  do  proper  second  element  failure  analysis  and  also  to  do  regular 
fail-safe  analysis,  non-linear  finite  element  models  are  required  to 
determine  the  proper  load  distributions. 

4.  Small  crack  data  is  also  needed  for  the  same  reasons  as  given  in 
number  three  above. 


Risk  Analysis 

Conclusions 

Usefiil  for  looking  at  Total  Safety  near  the 
end  of  an  Aircraft’s  useful  Life 

Not  for  setting  general  Inspection  Intervals 

Management  tool  for  addressing 
unanticipated  Force  Problems 


Risk  analysis  can  be  a  useful  tool  for  Structural  Integrity  Program 
managers.  It  is  a  tool  for  quantifying  the  actual  state  of  health  of  an 
aircraft  when  it  is  faced  with  a  short  term  problem.  It  definitely  does  not 
replace  the  present  methods  of  slow  crack  growth  for  general  Force 
Management.  However,  it  may  be  useful  for  addressing  aging  aircraft 
problems  in  the  future. 
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